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Abstract 

This thesis is divided into, two distinct parts. Part I describes the 
design and development of an intermittent cryogenic wind-tunnel, in which 
the cold conditions are generated by the expansion of high pressure gas. 
The device uses a light piston moving in a tube and conditions during the 

running time are maintained constant by 'tuning' the piston motion, i. e. 
by Imatchingt the volumetric flow rate entering and leaving the tube. 

The results of the pilot tunnel (running time 0.3 secs. ) show that gas 
temperatures of about 110K can be obtained with a pressure ratio of 35. 

Part II describes the flow at, transonic speeds on five aerofoil 

sections (thickness-chord ratios 6 to 14%). The aerofoil sections were 
6& 14% biconvex, an NACA 0012, a supercritical aerofoil CAST 7 and an 
11.8% Joukowski profile. The tests were made in an intermittent$ 

perforated wall wind-tunnel which was developed from an existing 

supersonic wind-tunnel. 

A periodic flow due to shock-induced separation occurred over a 

narrow range of Mach numbers (from 0.82 to 0.90) on the 14% biconvex and 
0012 sections at zero incidence, for both laminar and turbulent boundary 

layers. The frequency parameter(uc/Um) was about 1. Tests were also 
made with the aerofoils at incidence. Periodic flows occurred on the 14% 

biconvex, 0012 and 3oukowski profiles., The instability Mach numbers 

ranged from 0.84 to 0.90 and the frequency parameters from 0.40 to 1.36. 

A detailed study was made to determine the frequency spectrum of 
the tunnel noise and its influence on the periodic flow. Also, experiments 

were made to determine the influence of the aerofail geometry on the 

periodic flow. The experimental results on the 14% biconvex aerofoil have 

been compared with the numerical computations of the full Navier-Stokes 

equations performed at NASA, Ames. 
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I PART I 

DESIGN AND DEVELOPMENT OF AN INTERMITTENT 

CRYOGENIC WIND-TUNNEL 



PART I NOTATION 
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Ae C/s area of exhaust valve 

Ar C/s area of reservoir throat 

D Diameter of charge tube 

h Coefficient of convective heat transfer 

L Length of charge tube 
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1ý Mass flow rate through the nozzle 
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P Pressure 

P Matching pressure 

R Gas constant 

T Temperature 
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Flow speed 

Up Piston velocity at matching conditions 
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Volume of charge tube 

Reservoir volume 

v Volumetric flow rate 

t Time 

p Density 

v Viscosity 
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1. INTRODUCTION 

1.1 The Need for High Reynolds Number Testing 

Flight tests on a transport and a fighter aeroplane have shown 
that a critical shock-wave boundary-layer interaction problem exists at 
high subsonic speeds (Ref. 1,2). Under turbulent-flow, - low-Reynolds-number 
test conditionsq the shock is located forward an the aerofoil surface 
with a large area of separation behind-the shock. As the test Reynolds 

number is increasedv the shock moves rearward reducing the area of 
separation and shifting the centre of pressure position rearwards. The 

effects of a change in location of the shock are significant and 
important for the prediction of aircraft performance at transonic speeds. 
Not only is the performance affected by the shock-wave boundary-layer 
interaction, but other characteristics such as loads and load distribution, 

stability, buf f sting and maneuverability are also af f ected (Ref . 4). 

Although many devices for causing boundary-layer transition have been 

successful for simulating full scale conditions for two dimensional 

aerofoils, their applicability is questionable for accurate performance 

prediction of complete three dimensional configurations (Ref. 1). 

Fig. 1 from Ref. 5 shows the large differences in pressure 
distribution which occur between low Reynolds number, wind-tunnel test 

results and full scale flight data, for a C141 aeroplane. The 

differences in pressure distribution lead to large differences between 

measured and predicted airloads for the C141 aeroplane and the 

chordwise shift in the centre of, pressure position was as much. as 
10%. 

These factors as well as the current interest, 
"in 

the development 

of large transports to operate efficiently at transonic speeds, point 
to the need for wind-tunnel testing at increased Reynolds numbers 
(Refs. 30). 
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1.2 Methods for increasinq the Reynol ds Number 

by: - 

(1) 

For a given Mach number the Reynolds number may be increased 

Using a heavy gas instead of air: Freon-12 with a density four 

times that of air is one of the most suitable of the heavy gases 
for use in a wind-tunnel. The Reynolds number can be increased 

by a factor of 3 over that with air as the mediump (at 2BBK) 
(Ref. 6). However, the ratio of specific-heats is different from 

that of air, (1.13 for Freon-12 against 1.4 for air). This 

difference in specific-heat ratio is important when compressibility 

effects, become significant, thus making Freon-12 a questionable 

test medium for transonic wind-tunnels. Chapman (Ref. 7) has 

reported that by using a mixture of gases in the correct 

proportion the specific-heat ratio can be made equal to 1.4. 

However, these gases are either too expensive or are toxic. 

(2) Increasing the size of the tunnel and model and/or increasing 

the stagnation pressure: these methods involve serious problems 

related to construction and operating costs and model and support 

loads. 

(3) Reducing the test temperature: In a theoretical investigation 

reported in 1945, Smelt (Ref. 8) pointed out that Reynolds number 

could be increased by the use of air at temperatures in the 

cryogenic range (150K or below). Not only is the Reynolds number 

increased but the power to operate the tunnel is-reduced, thus 

making the use of low temperatures very attractive. Fig. 2 shows 
the benefits of using reduced temperatures. Expressions for the 

Reynolds number which show the influence of the various parameters 

are given in Appendix A. As the test temperature is reduced 
there is no change in dynamic pressure. Therefore by reducing 
temperature an increase in Reynolds number is'achieved without 

any increase in aerodynamic loads except that introduced by the 

effect of Reynolds number on the aerodynamic coefficients. This 
I, 
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constant dynamic pressure feature of the cryogenic tunnel is 

important particularly with regard to isolating Reynolds number 

effects from aeroelastic effects. Also the Mach number effects 

can be separately studied. In addition, the use of a magnetic 

suspension system becomes attractive in a cryogenic wind-tunnel 

since the coil power needed is directly proportional to a 

power (approx. 3) of temperature. 

1.3 Cryoqenic Wind-Tunnels 

One method of cooling air or nitrogen to cryogenic temperatures 

is to spray liquid nitrogen directly into the tunnel circuit (Fig* 3). 

One large continuousp cryogenic transonic tunnel using liquid nitrogen 
injection is being built at NASA Langley, U. S. A. and another tunnel is 

being planned for Western Europe. The specification of these two 

tunnels are shown'in Fig. 3. These tunnels are obviously very expensive 
to build and quite costly to run. They are essentially for the aircraft 
industry and for applied research and development of new aircraft designs. 

For University research alternative wind-tunnel designs which are-much 

simpler, cheaper and easier to operate are obviously needed for trying 

out new ideas and to undertake longer term research programmes. One 

device which satisfies the above requirements is the isentropic light 

piston tunnel. 

1.4 Liqht Piston Tunnel 

For measuring heat transfer rates at transonic speeds on gas 
turbine blades, Schultz and his co-workers at Oxford (Refs. 10,11) 

proposed and built an isentropic light piston tunnel (Fig, 4). To 

measure the heat transfer rate on gas turbine blades a hot, low-Reynolds 

number flow is requiredg (eg. To = 430KI Re = 1.2 x 10 6) for a short 
duration. This is obtained as follows: - opening the valve between the 

reservoir and the charge tube (Fig, 4) allows the high pressure air in 

the reservoir to drive the light piston down the tube so compressing 

and heating the test gas almost isentropically to the required conditions. 
Once the required conditions are achieved and with the piston still 
movingg the nozzle diaphragm (or valve) is opened. The test gas is 



4 

pushed out through the test-section past the model and into the dump 

tank. By matching the volumetric flow rates entering and leaving the 

tube, the piston motion is tuned such that pressu re can be maintained 

constant during the running time. 

Stollery & Murthy (Ref. 12) suggested that the oxford type of 
tunnel could be operated in reverse in order to generate low-temperaturet 

high-Reynolds-number flows instead of the high temperaturej low-Reynolds- 

number conditions already produced. A scheme for the cryogenic light 

piston tunnel is shown in Fig. 5a. Here the light piston is used to 

expand the gas isentropically to achieve the cryogenic reservoir 

conditions. A modification of the configuration Fig. 5a is shown in 

Fig. 5b. In this simpler scheme the piston is. used only to push the 

test gas through the test-section and the expansion is performed 

separately with the use of valve 1. When the high pressure gas in 'A' 

has expanded and cooled to the required conditions, the nozzle valve 

and valve 2 are opened simultaneouslyt the piston set in motion and 
tuned to keep the pressure constant during the test time. 

1.5 The Present Work 

The present work describes the design and development of a pilot 
intermittent cryogenic wind-tunnel (Fig. 5b). The parameters which are 
important for the generation of low temperatures are discussed in 

Chapter 2 and calculations are presented for determining the temperatures 

achievable in a high pressure gas expansion. Expansion experiments are 

also described end the results compared with theory. It is shown that 

temperatures in the cryogenic range are achievable in a high pressure 

gas expansion. The equations governing the operation of a Cryogenic 
light piston tunnel are described in Chapter 3. The 

design details of a pilot tunnel with a'test-section 2.86 cm x 2.86 cm 
(1.125 inch x 1.125 inch) and running time of 0.3 seconds, are given 
in Chapter 4. The experimental results from the pilot tunnel are 

presented in Chapter 5. 
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2. TEMPERATURES ACHIEVABLE BY THE, EXPANSION OF HIGH PRESSURE GAS 

The expansion process in the ideal case is isentropic. To 

achieve reservoir conditions of T0= 120K starting with test gas at 

ambient temperaturep the ideal pressure ratio through which the test 

gas has to expand is 25. The departures from this ideal situation, 

caused by heat transfer from the walls of the charge tubeg could be 

significant., causing the required pressure ratio to rise and reducing 
the efficiency of the process. Taking the same reservoir conditions 

as before the required pressure ratios for varying polytropic constants 

are: - 

Polytropic 
Constant 

Pressure 
Ratio 

1.4 25 

1.3 53 

1.2 244 

1.15 1124 

Hence if the process is to be efficient, then the polytropic 

constant should be as close as possible to the ideal value. 

2.1 Calculation of Temperatures achievable by the expansion of 
Hiqh Pressure Gas 

The main parameters which determine the magnitude of the heat 

transfer from the walls of the charge tube are: - 

The surface area of the charge tube; the lower the surface areav 
the nearer the expansion process will be to the ideal. Hence the 

use of a tube of low length to diameter ratio (L/D) is of 
fundamental importance. 

The rate of expansion: this is controlled by the bore of the 

exhaust valve (Valve 1 in Fig. 5). The faster the expansion 
the lower the final temperaturd achieved for a given pressure 

ratio. 
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(3) The initial pressure of the gas: the heat transfer rate is 
increased at higher pressures due to the greater density. 
However this will not be very significant since high expansion 
rates are contemplated. 

The details of the theoretical model to calculate the temperature 

after expansion is given in Appendix B. The theoretical model assumes 
fully developed turbulent pipe flow and uses an empirical heat transfer 

relation for forced correction, i. e. 

Nu = 0.0265 (Re 
D) 

D, 8 (Pr) 0.3 
0009*0 

(1) 

The results of the calculations are shown in Figs. 6 to 10, 

Fig. 6 shows the importance of using a tube with a low aspect ratio 
(5 or less) to achieve the lowest temperature possible for a given 

pressure ratio. Fig. 7 shows the effect of the bore of the exhaust 
valve on the final temperatures achieved. The effect of the valve size 
is significant but not as much as the length to diameter ratio. Fig. 

8 shows the effect of the initial pressure on the final temperature . 
The ef f act ie insignificant (note the exaggerated temperature ordinate). 
The time needed for expansion is nearly independent of aspect ratio and 
is almost totally controlled by the bore of the exhaust valve (Fig. 9). 

Fig. 10 shows the polytropic constants obtained for tubes of various 
L/D ratios and for different pressure ratios. This again illustrates 

the superiority of the short, fat tube. With increase in pressure 

ratio the polytropic constants are lower because the expansion times 

are greater, for constant bore exhaust valve. 

From the results of the calculations presented abovep it is clear 
that deviations from the ideal, isentropic expansion are significant 
but can be minimised by the proper choice of dimensions for the charge 
tube. 

The experiments to support these, results are described in the 

next section. 
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2.2 Expansion Experiments 

The expansion experiments were performed using a seamless steel 

cylinder rated for 300 bars (Fig. 11b). The cylinder has a length 

to diameter ratio of approximately 5. The cylinder is fitted with a 
fast acting valve (of bare 3.8 cm) at one end. The port at the other 

end is used for instrumentation purposes. 

A typical experiment consists of charging the cylinder with 

nitrogen gas to the required pressure. The fast acting valve is then 

opened to atmosphere and the temperature and pressure of the gas in 

the cylinder are recorded as a function of time. 

A copper-constantan micro thermocouple (Fig. 11a) was used for 

the temperature measurements. The wires were typically. 20 microns 

diameter with a small response time (Refs. 15,16). The thermocouple 

was calibrated against a calibrated platinum resistance thermometer. 

The thermocouple and the resistance thermometer were mounted side by 

side in a dewar flask containing liquid nitrogen. By moving from the 

surface of the liquid to the atmosphere above the dewart temperatures 

ranging from the boiling point of nitrogen to room temperature were 

obtained. Before the experiments, checks were made using liquid 

nitrogen and measuring the millivolts output of the thermocouple with 

a digital voltmeter and comparing with the NBS reference tables (Ref. 

19). In the measurements the thermocouple output was amplified using 

a DC amplifier and then fed to a UV recorder. 

Pressure measurements were made using a 0-2000 psi 'Druck'* 

diaphragm type pressure transducer. The output signal of the pressure 

transducer was amplified by a strain gauge bridge amplifier before 

being fed to a UV recorder. 

Druck Ltd. 9 Fir Tree Lane, Groby, Leics. LE6 DFH. 
T 
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2.3 Experimental Results and comparison with Theory 

The'principal dimensions of the expansion tube as well as the 

range of pressures covered are shown in Table 1. A typical 

pressure-time and temperature-time record are shown in Fig. 12. 

TABLE I 

Length/Diameter Ratio 5 

Diameter 23.5 cm 
Range of Initial Pressures 10 to 93 bars 

Final Pressure 1 bar 

Temperatures achieved 160K to 93K 

Fig. 13 shows the experimental results plotted as pressure ratio 

vs temperature ratio and compared with the isentropic case and polytropic 

expansion with n=1.3 The experimental points lie within these two 

limits. In order to obtain a more accurate estimate of the polytropic 

exponents, the results were plotted on a log-log scale for each 

experiment (Fig. 14). The results show that the polytropic exponent 
In' lies between 1.33 and 1.38. The theoretical model predicts a 

value of In' of 1.341 to 1.373 for the configuration used in the 

experiments (Fig. 10). 

The theoretical model is thus in good agreement with experiments 
for a charge tube with an L/D ratio of 5. 

'40 

Fig. 15 is a comparison of our results with others reported in 

the literature (Refs. 17918). The results of Bellet (Ref. 18) are for 

a charge tube of L/D ratio 4.4, but the expansion times are much 
longer (20 to 40 secs compared to 1.5 secs for our experiments at the 

highest pressure ratio). Hence the polytropic constant obtained 
(n = 1.25) is lower than that obtained in our experiments. The 
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results of Hutt & East (Ref. 17) give a value of n=1.3 for a tube of 
low L/D ratio. For large L/D ratios the results of Ref. 17 show that 

the theoretical model fails to predict the temperature achieved 
(Fig. 16). To achieve matching between theory and experiment it 

becomes necessary to increase the convective heat transfer coefficient 
by a factor of 2.59 

i. e. Nu = 0.0663 (Re 
D) 

O. B (Pr) 0.3 for large (L/D) tubes 

999999 

Using the values of the heat transfer coefficient for tubes of small L/D 

ratio (Eqn. 1) and large L/D ratio (Eqn. 1a)q calculations are made to 

determine the temperature achieved after expansion. The results are shown in 
Fig. 17. To achieve reservoir conditions of To = 120K, a pressure ratio of 35 

would be needed for a charge tube of L/D ratio < 5. 
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3. CRYOGENIC PISTON TUNNEL 

3.1 Principle of Operation 

The principle of the device may be outlined with reference to 

Fig. 18. The system consists of a medium pressure reservoir connected 

via a throat end a valve to the charge tube. The other end of the 

charge tube is connected to a working section nozzle through a nozzle 

valve. The nozzle exhausts into a dump tank. An exhaust valve is 

also provided at the end of the charge tube. A smooth piston runs in 

the tubeg starting its travel at the reservoir end and is driven by 

the gas entering from the reservoir. High pressure test gas is 

contained in the charge tube and expanded by means of the exhaust 

valve. When the test gas has been expanded and hence cooled to the 

required temperature, it is 'pushed out' through the test-section. 

The pressure within the tube may be maintained constant if the 

volumetric flow rate of gas into the tube from the medium pressure 

reservoir is the same as that leaving through the working section. The 

gas is in equilibrium at all stagesp times being large compared to the 
transit time of sound waves along the tube. The piston is considered 

merely as a 'divider' between the cold test gas and that coming from 

the medium pressure reservoir and the inertia of the piston is small. 
The reservoir drives the piston and provides constant pressure 

conditions during the run time. When the gas flows through the working 

section under matched conditions, the work done in ejecting the gas 
through the nozzle equals the work done by the reservoir and conditions 

within the test gas remain constant. 

3.2 The Expansion Process 

The temperatures achievable in an expansion process have already 
been treated in Chapter 2. The variation in pressure with time 

measured from the instant of exhaust valve opening (assuming isentropic 

expansion) is given by 
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t 2y/(l - (K 7+ 1) 
0 

oooooo 

where t0 is arbitrarily taken to be the time required to expand the gas 
to test conditions (t/t. =1 at the end of the expansion) (Ref. 17). 
The constant K is given by, 

I 
1Y 

2 Y+1 
K= 

Pl 

mJç 

t eeeuee 

Fig. 19 is a plot of pressure time history for an expansion 

process obtained using equations 2 and 3 and compared with the 

theoretical model (Chapter 2) and an expansion experiment. In the 

experiment the opening of the valve is not instantaneous; hence the 

initial drop in pressure is not as rapid as shown by theory. The 

experiment gives an expansion time of 1.20 secs in close agreement 

with the the theoretical model which gives an expansion time of 1.27 

secs. The differences between these two results and isentropic 

expansion is attributed to the effects of heat transfer from the 

charge tube to the gas. 

3.3 Matchinq Conditions 

The volumetric flow rate from the reservoir into the charge tube 

needed to maintain constant pressure during a run, may be fouhd from 

the condition that the volumetric flow rate into the tube from the 

reservoir must equal that flowing out through the working section 

nozzle. Assuming a sonic working section nozzle, the volumetric flow 

rate out of the nozzle is given by, 

y 
0= (7_2 

1) 
2( y- 1) Aaaa 

a+ 
oeoeoe 

The volumetric flow rate entering the charge tube from the 

reservoir is given byp 
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0b=ý RT 
esoooo 

The assumption is made here that the reservoir gas is brought to rest on 
entering the tube and hence recovers the reservoir temperature (Ref. 11). 

The 'matching condition' is, 

V= 
a 

Vb 

and this occurs for Ppb=p *o9oe* 

x +I 
2(y - 1) 

000 RT = F. ( 
oooooo 

Assuming the reservoir throat is choked, 

I 

m= A*P*a* 
rrr 

2 
Y+ 

Y+ 
2(Y 

r*prar090 
41 40 0 

(8) 

substituting (8) in (7) and eliminating Pr and Tr by_the use of the 

relation for acoustic velocity, we get, 

pA*a= PA *a 
0 00 0** (g) 

From this relationp the reservoir throat can be sized for required 
tunnel stagnation conditions and available reservoir pressure. 
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The piston velocity at matching conditions is given by, 

y+1 

UP 2 2(y - 1) 
aa*A a*/A 

3.4 Piston Oscillations 

000000 (10) 

The main effect of a finite piston mass is that the piston does 

not respond instantaneously to gas velocity changes when the valves 

are opened. The variation of velocity of a massless piston with time 

is shown by the solid line (Fig. 18c) where the piston instantaneously 

assumes a velocity determined by the flow of reservoir gas. If the 

piston had a finite mass its velocity would vary as shown by the dotted 

line, performing oscillations around the previous curve. The pressure 
fluctuations caused by the velocity oscillations are also shown by the 

dotted line on the pressure curve (Fig. 18c). An analysis has been 

made in Ref. 10 to determine the time period of these piston oscillations. 
The period of oscillation of the piston is given by, 

T=2 7r 
( VaVb M 

VA 2p 

where V+V= V9 the volume of the charge tube (Fig. 18). 
ab 

to 0000 (11) 

This equation gives the period of oscillation of the piston for 

any given position during the piston motion. However, the oscillations 
occurring when the valves are opened cannot be determined from the 

above equation since the piston starts impulsively from rest. Equation 
11 indicates the importance of a low piston mass to keep the period of 
oscillation as small as possible. 
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3.5 Departures from Ideal Performance 

When the tube is operated at Imatchingt conditions there is no 

rise or fall in pressure during the tunnel running time. A change in 

pressure during the running time could occur due to the reservoir not 
being set to the correct pressure or due to the reservoir volume being 

finite resulting in a loss of reservoir pressure during the run. These 

two cases have been analysed in Ref. 10 and are discussed below: - 

Case 1: For a finite reservoir driving a tube which is 'matched' at 
the instant of valve opening but subsequently falls below 

matchingg the change in tube pressure follows the change in 

Im3tchingt pressure with a delay as shown in Fig. 20b (Ref.. 

10). 

The variation of the change in tube pressure p with time is 

given by 

- 
-Kl(t K1ce 

where 

A *a 
IN/V 

r 

and 
y+ 

2 (Y - A *a 3y 
aa( 

The change in matching pressure is given by 

@*see* 

-K, t see*** (13) 
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Case 2: Suppose an infinite reservoir is used, but conditions are 

not matched at the instant of valve opening, then the change 
in tube pressure p is given by 

p p (i - e-t/ c) 

The variation of pressure p with time is shown in Fig. 20a. 

-3.6 Transit Time Effects 

o9o99o 

The expansion process has been considered to occur instantaneously, 

the pressure being related to the volume by the isentropic relation. 
Actually, the change in pressure within the gas is due to compression 

or rarefaction waves which travel through the gas transmitting 

information about varying conditions at the ends of the tube. The 

expansion process is obtained as a rarefaction waveg generated when 
the exhaust valve is opened (Fig. 18), reflecting repeatedly from the 

end of the tube and the face of the stationary piston causing the 

pressure to vary stepwiseq with an average pressure as in Fig. 21. 

A wave diagram demonstrating this process is shown in rig. 21a. 

The form of the variation in pressure is determined by the gas 

velocity at the exhaust end. The amplitude of the final rarefaction 

wave that is generated (i. e. at the end of expansion) is given by 

AP 
p 

yU 

A 
a 

000*00 (15) 

where U is the gas velocity in the chamber. (The process is similar 
to an expansion process using a piston, U being equivalent to the 

piston velocity). Since the charge tube diameter is much larger than 
the exhaust valve diameterg the gas velocity in the tube would be 

very small, especially at the end of the expansion. Hence the 

magnitude of the disturbance given by eqn. (15) would be small. When 
the nozzle valve is opened a rarefaction wave is generated which 
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proceeds as described above. When the reservoir valve is opened, 
the piston is driven which generates a compression wave. If the 

tube is matched the rarefaction wave exactly cancels out the 

compression wave and the net change in pressure is afterwards zero. 

The amplitude of the rarefaction wave produced when the nozzle 

valve is opened is given by the acoustic approximation (Ref. 10,20) 

as 

Ap 
F 

YU 
p 

a a 

000, ooo 

where Up is the piston velocity at matching conditions, given by 

eqn. 10. 

S 

SS 16 p 
2( 'Y- 1) 

ooeoee 

There is pressure doubling because the rarefaction wave is reflected 
from the piston face back to the end wall. Therefore the resulting 

change in nozzle stagnation pressure is given by 

y+1 
72Z T- 'l 7 

AP 
22 

.F 
A 

A 
000000 

(lE3) 

This is a conservative estimate since the piston starts from rest. 
Thus to keep this pressure disturbance to a minimum the area of the 

charge tube must be large in comparison with the nozzle area. 
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3.7 Sizinq of Reservoir 

The reservoir size may be found by using the analysis of 
Section 3.5 where the change in pressure from 'matching' conditions 
due to a finite reservoir volume was given by equation (12). For 

small changes in p, equation (12) may be approximated as (from Ref. 

10) 

-K t2 
run 

2ý 
00000 

where p is the pressure drop during the running time t 
runo 

The 

running time is given by 

t 
run = mass of test gas initially in charne tube 

mass flow rate through nozzle 

y+1 
2(y - 1) 

aa Pi es**** 
(20) 

Using the expressions for Kil trun and the matching conditions 
(eqn. 9)9 we get 

p 
Y( 3Y pv `-) ( 7) 4 P, 

(rr 999e9o 

Equation (22) enables the required reservoir volume Vr to be determined 

for a certain tube pressure drop within the running time. 
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4. DESIGN OF A PILOT CRYOGENIC WIND-TUNNEL, 

4.1 Specification 

It was decided to construct-a small scale pilot tunnel to-test 

the ideas given in the previous sections. It was also decided to use 

some components already available in the laboratoryq for example a 
2.86 cm x 2.86, cm (1.125 inch x 1.125 inch) test-section belonging to 

a compression shock tube. A run duration of 0.3 secs was thought to 

be long enough for making measurements. The specification for the 

pilot cryogenic wind-tunnel was: - 

Test-section 2.86 cm x 2.86 cm (1.125 inch x 
1.125 inch) 

Stagnation pressure 1 bar 

Stagnation temperature 120K 

Running time 0.30 secs 

Reynolds number 
(based on chord = H/2) 

6 
0.6 x 10 

Mach number Transonic 

The stagnation temperature of 120K was chosen as the lowest 

consistent with the avoidance of condensation. 

The general arrangement of the pilot tunnel is shown in Fig. 

22. 

4.2 Desinn Details 

4.2.1 Charne Tube 

Based on eqn. 20 (Section 3.7) the 'volume of the charge tube 
3 for a 0.3 secrun time at a Mach number of unity, is 0.0279m . The 

need to keep the heat losses to a minimum limits the length to 

diameter ratio of the tube to 5 (Chapter 2). With this requiremento 
the diameter of the charge tu I be - would be 0.1954 m (7.694'inches). 
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The need to keep the disturbances small when the valves are open 

requires the charge tube area to be large in comparison with the 

nozzle area (Section 3.6). For an allowable variation of 5% of 

matching pressure during the run, the charge tube area must be 32 

times the nozzle area (Eqn. 17f Section 3.6). This sets the minimum 
diameter of the charge tube to be 0.1834 m (7.22 inches). Choosing 

the larger of the 2 valuesq gives a value of 0.1956 m (7.7 inches). 

A stainless steel tube, bored and honed to an internal diameter of 
7.7 inches and finished to an accuracy of 0.001 inches (25 microns) 

an radiusq was used for the charge tube. The circularity and the 

smooth finish are considered essential for the attainment of constant 
flow properties (Ref. 10). The tube has a thickness of 12 mm 
(0.5 inch) and can withstand a maximum pressure of 100 bars. 

4.2.2 Reservoir end Reservoir Throat 

A'tube 0.23 m dia end length 1.25 m, which formed part of an 

existing compression shock tube- was utilised to serve as a reservoir 
for the cryogenic tunnel. This reservoir was connected to a bank 

of nitrogen cylinders through a manifold. It was estimated that this 

reservoir together with the bank of nitrogen cylinders supplying 

continuously would give the required reservoir volumetric flow rate. 
Howeverv the pressure regulators which were used with the nitrogen 

gas bottles had very small nozzles which restricted the flow out of 
the bottles. Initial tests showed that the reservoir pressure 
dropped considerably during the running time. Hence an additional 

chamber 0.4 m dia and 2.16 m length was added on to the existing 

reservoir. This helped maintain the volumetric flow rate during the 

running time. The maximum pressure to which these reservoirs could 
be stressed was limited to 7 bars. Based on this limit, two reservoir 
throats 1.459 cm and 1.032 cm dia were manufactured for use at pressure 

of 3 bars and 6 bars respectively (Eqn. 9. Section 3.3). With these 

2 va2ues of reservoir pressure, the pressure drop during the running 
time due to a finite reservoir*as given by eqn. 21 (Section 3.7) is 

equal to 3.2 and 1.8% of total pressure, respectively (Fig. 23). 

These values are within acceptable limits. 



20 

4.2.3 Piston Desinn 

The piston plays an important part in the overall performance of 
the tunnel. Ideally it should be of the minimum mass so that it acts 
as a barrier between the reservoir gas and the cold test gas in the 

charge tube. It should move freely in the bore of the tube and provide 
a good seal between the two gases. The piston must be rigid enough 
to withstand the initial high pressure in the charge tube and the 

stresses which arise when it strikes the end of the charge tube. 

A light high strength alloy of aluminium was used for making the 

piston. This piston has a face plate 3-8 mm (0.15 inch) thick, 

strengthened by 6 ribs at the rear (Fig. 24). Two PTFE rings provided 
the seal. A ring of cork was stuck onto the face'of the piston to 

reduce the impact when the piston hit the face of the flange at the 

end of the run. This piston was used for the initial experiments. 
However, after several tens of runs it was found that the face of the 

piston was dished and the ribs had developed cracks. Hence another 

piston was made, this one of Inylatront (Fig. 25). This piston has a 
face thickness of 3.43 cm and rim thickness of 1.25 cm and was 
deliberately designed with a larger factor of safety to discount any 

possibility of piston damage again (Fig. 25). Howeverg later experiments 

showed that the piston developed oscillations which resulted in a 
pressure fluctuation of amplitude approximately 3% of total pressure 
(Fig. 26b) and a frequency of 18 cps. Calculation of the frequency 

using eqn. 11 (Section 3.4) gives an average frequency of about 21 cps 
in fair agreement with experiments and indicating that the piston 
oscillations were due to piston mass. To prove that this was indeed 
the caseq the piston mass was increased by 0.45 kgs and experiments 
repeated. The frequency dropped to 14 cps (Fig. 26a) as also indicated 
by eqn. 11 (f = 17 cps), thus confirming that the piston mass was 
responsible for the oscillations. The piston mass was then reduced 
from 1.97 kgs to 1.55 kgs by machining off a portion of the piston 
face. The level of pressure fluctuation dropped considerably as can 
be seen from Fig. 26c. 
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4.2.4 Fast Acting Valves 

The expansion, of the high pressure gas must be rapid in order 
to accomplish the necessary rate of expansion for cooling the gas 
(Section 2.1). A5 cm 'Worcesterl fast acting ball valve (bore 3.81 

cm) was chosen for the exhausting operation. The opening of the valve 
is accomplished manually whereas the closing of the exhaust port 

when the expansion has taken place is accomplished automatically using 
the nozzle valve and relay circuit (see later sections). 

The accurate timing of the reservoir valve and the nozzle valve 
is necessary for the maintenance of constant test conditions during 

the running time. A schematic diagram of the technique chosen to open 
the valve is shown in Fig. 27a. The drop in pressure during the 

expansion is measured with a 0-500 psi 'SolartronI pressure transducer 

located in the charge tube. When the output from its associated 

amplifier falls to the required value, a relay (Section 4.3) switches 

over rapidly and de-energises the solenoid valve thereby exhausting 

one side of the pneumatic cylinder. Thus the ram moves to the rightt 

opening the nozzle valve and closing the exhaust part in approximately 
30 msecs. ' The reservoir valve operates similarly but in this case 
there is only one port to be uncovered. The opening of the reservoir 
valve may be delayed or advanced with respect to the opening of the 

nozzle valve by the use of the relay circuit. The operating time of 
the two valves can also be controlled by means of the pressure applied 
to the pneumatic cylinder. Usually the pressure of the gas in the 

cylinder is set to 5 to 7 bars. Linear transducers are mechanically 
coupled to the valves and allow each valve position to be continuously 
monitored an the UV recorder. PTFE seats are used on the valves for 

sealing. Fig. 27b is a photograph of the nozzle valve. 
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4.2.5 Contraction 

This is basically a sonic nozzle and is illustrated in Fig. 28. 
The area ratio is 6: 1. The nozzle plates have been designed so that 

they can be, easily dismantled and replaced with a supersonic nozzle 
if required. 

4.2.6 Test-Section 

The test-section is 2.86 cm x 2.86 cm in cross section and has 

solid walls. It is provided with 2 circular windows 2.5 cm dia. which 

can be used as instrumentation ports or for flow visualisation. A 

pressure transducer ('Druck' 0-15 psi differential'silicon strain gauge 
type) is flush mounted on the side-wall to measure the test-section 

static pressure. A straight pipe with an area of 2.5 times the 

test-section area is used as a diffuser. A5 cm gate valve is used 

as a second throat to vary the Mach number. 

4.2.7 Dump Chamber 

A stainless steel chamber of capacity D. 21 cu. m coupled with a 

portion of an existing 18 inch shock tube of capacity 0.63 cu. m was 

used as a dump chamber for the pilot tunnel. The dump chamber is 

evacuated to a low pressure by the use of a 0.65 kw electrically 
driven vacuum pump. A lPiranit'vacuum gauge is used to measure the 

pressure in the chamber. 

4,3 Instrumentation and Control System 

The locations of the transducers are indicated in Fig. 22. The 

instrumentation and control system diagram is shown in Fig. 30. The 

operation of the relays is as follows: - the nozzle valve operating 

relay is a voltage comparator transistor device with a variable delay 

facility included. The input of this relay is connected to the 

amplified output of the charge tube pressure transducer. When the 

voltage level of this output falls to the required valuep the relay 
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switches over rapidly and operates the solenoid valves. The accurate 
and rapid switching is achieved by an internal 'Schmitt trigger' device 
integral with the relay. 

The reservoir valve relay is a slave to the nozzle valve relay 
and may be delayed in operation with respect to this relay. The 

circuit may also be arranged such that the nozzle valve relay is a 
slave to the reservoir valve relay. The predetermined delay time can 
be varied from 0 to 5 seconds. 

4.4 Operation of the Pilot Tunnel 

The exhaust valve is manually opened to commence the run sequence, 
When the chamber pressure falls to the desired level (which is 

predetermined depending on the stagnation pressure), the nozzle valve 

relay switches over and de-energises the solenoid valve of the pneumatic 
cylinder thus allowing the nozzle valve to open. The reservoir valve 

would then operate in the same way at the predetermined delay interval. 

4.5 Temperature Measurement 

The temperature measurements were initially made using a 
copper-constantan lultraminiaturet thermocouple needle (Fig. 31). The 

wire is typically 25 microns dia. and is encased in a hypodermic tube 

with quartz as insulator. Howeverg initial tests showed that the 

thermocouple did not faithfully follow the temperature of the gasq as 
can be seen in Fig. 329 probably because the response of the thermocouple 

was inadequate due to thermal inertia and heat transfer from the support. 
It was suggested by Hutt (Ref, 21) that a fine tungsten resistance 
wire had the necessary response to follow rapid gas tempaiature changes 
in a cold environment. Hence a 7.5 micron dia. tungsten wire resistance 
thermometer was constructed. Fig. 33a shows the wire resistance 
thermometer and its mounting and Fig. 33b shows the variation of 
resistance with temperature obtained using the resistivity data for 
tungsten (Ref. 22). The resistance thermometer was calibrated against 
a copper-constantan thermocouple using liquid nitrogen. The output 
of the bridge circuit (Fig. 30) was amplified by a factor of 1000 
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before being recorded on the UV recorder. The tungsten wire resistance 
thermometer successfully followed the gas temperature changes as can 
be seen from Fig. 34. 
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5. EXPERIMENTAL RESULTS AND DISCUSSION 

Experiments were conducted with different pressure ratios to 
determine the final temperatures achieved and the flow conditions 
during the running time of the tunnel. The results are tabulated in 
Table 2. The final temperatures achieved are plotted in Fig. 35 and 
compared with the isentropic values. The expansion process is polytropic 
with an average value of the polytropic constant of 1.35. 

Typical traces obtained with the pilot tunnel are shown in Fig. 

34. The expansion and running times are typically 0.65 secs end 0.3 

secs respectively. The valves open in 40-50 msecs. and in this case the 

delay circuit has been set so that the reservoir valve opens 10 msecs 

after the nozzle valve has opened. This has been done to reduce the 

magnitude of the disturbance when the reservoir valve opens. The 

test-section static pressure shows a variation during the running time 

of 1.4% of the total pressure. This is considered to be within 

acceptable limits. The output of the resistance thermometer shows 
that the gas temperature is higher at the beginning of the run than at 
the end. The reason for this behaviour is not clear. During the 

running time, the temperature varies by about 10 to 15K. Temperatures 

are repeatable to within t5K. The stagnation temperatures reported 
have not been corrected for the recovery factor of the probe. However, 

the recovery factor for a fine wire probe would be close to 1 (Ref. 

24), 
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6, CONCLUSIONS 

Experiments in a pilot intermittent cryogenic wind-tunnel have 

shown thatp 

(1) Temperatures in the cryogenic range (T,, <150K) can be 

achieved with pressure ratios of 15 or greater with a 
tube of length to diameter ratio of 5. 

(2) The expansion process is polytropic with an average 
value of polytropic constant of 1.35, 

(3) The low temperatures obtained are repeatable to within 
±5K. 

(4) Temperature variations are of the order of 10 to 15K 
during the running time of 0.3 secs. 
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APPENDIX A 

Reynolds number Re = pL61 
Ii 

where p= density of the medium 
Lt. = flow speed 
1= characteristic length 

Ij = viscosity of the medium 

Expressions for Reynolds Number 

p 

RT 

where p 
T 

R 

= 

= 

static pressure 

static temperature 

gas constant 

and UIP In %a 

where a= acoustic velocity 

= 
FRT Y 

= ratio of specific heats 

a Re 

Using isentropic relationag 

+y 

000000 (1) 

eoo*ee 

99e*9* 

oessoo 

00*000 
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and P 
p 
0 

(1 

+2m 

where P0 and T0 are the stagnation pressure and temperature respectively. 

0"0 p1 for a given gas and Mach 
Ra CC. 0 number 

li OC 11 
0 oC Ta 

*"* Re OC P0 I/T 
0 

1.4 

2 
Dynamic presurs q pUoG 

0.9 

00 *to 0 

@**es* 

0*0000 (a) 

0*0 qPCP a 
for a given gas and Mach number Soso** 

(9) 

Power to operate the wind-tunnel 

q qQA 

where n is the power factor 
A is the test-section area 

Power oC P0 FTO for a given gas and Mach 
number *00000 
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APPENDIX 8 

The Calculation of Temperatures achieved by 

Expansion of High Pressure Gas 

(from Ref. 14) 

Consider a vessel filled with nitrogen at high pressure# fitted 

with a constant diameterv fast acting valve. For small time steps 
the following assumptions are made: - 

(1) Mass flow rate through the valve is constant over a 

a time step and determined by the pressure at the 

start of the step. 

(2) The temperature of the wall of the vessel, TWý is 

constant throughout the expansion process. This 

would be true since the thermal inertia of the 

vessel is large. 

The gas remaining in the vessel at the end of the stop is taken 

as a system 

Applying the first law of thermodynamicst 

000000 (1) 
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The work done by the system in ejecting the gas 

t+ 6t 

1.1 -A IM - In I--- JA. 

= 

tf 
ifiRfTdt so 9 o9o 

The initial and final internal energies of the gas are 

E1=Cvm. T -Cv 6ITdt ***9ee (3) 

i0se the energy of the whole of the gas initially in the 

vessel less that of the gas ejected 

E2=cv T(t + 6t) (m - rh 6 t) 

Hence 0= MfTdt +Cv T(t + 6t) (m - ih St) 

- Cvom. T +Cv 6fTdt 

e9e*eo 

9e9*99 

Assuming that the heat transfer takes place by forced convection 

q =- hAS(T -T W) oeoess 

where A8 is the surface area of the vessel. 

The heat transfer coefficient is estimated using the fully developed 

turbulent pipe flow formula 

pove Or. 
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S 
SS 

NU D 0.0265 (Re 
D) 

Ole (Pr) 0.3 

q 

0.0238 (Re 
D) 

0.8 for Pr = D. 7 ***so* (7) 

-0.0238 (A (Re 
Do*8 

(T - TW) 

D 

If the further assumption is made that Reynolds number is constant 

over a time step, eqn. (5) is differentiated and equated to (8). 

q MT +Cv dT (m 6t) - 6C 
vT+ 

ffiC 
vT 'a -t 

MT +Cv dT (m - iý SO 
; -t 

000004D 

Equating (8) and (9) and re-arranging gives the following equation 

dT 
ý -t 

A 0.8 
mR + 0.0238 a (R 

D ed 

v 
(M 

0.0238 (Re ) 0.8 AsT 
Dw 

C.. (m - n) 6t D 

The solution of (10) with the proper initial conditions is 

a-At +B 

000000 00) 

000000 (11) 

where Ti temperature at the start of the step and the 

constants 
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A ihR + 0.0238 
(AS) (Re ) 0.8 

D 
-D cv (m - th 6t) 

and 8 0.0238 
(A 

a) (Re ) 0.8 
D D 

(ýR + 0.0238 (A 
a) 

(Re 
D) 

0.8 ) 

D 

...... (12) 

The results agree well with experiments for tubes of low L/D ratios. 

For large L/D ratiosq the predictions of realisable temperatures are 

always optimistic. Agreement with the experimental evidence (Ref. 17) 

was achieved by multiplying the Nusselt number used by 2.5. This 

is purely an empirical result. 
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Figure 28. A view of the contraction. 

ligure 29. A view of the pilot cryogenic wind -tunnel. 
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PART II 

PERIODIC FLOWS ON RIGID AEROFOILS AT 

TRANSONIC SPEEDS 
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NOTATION 

Aerofoil chord 

Pressure coefficient 

Total plenum chamber depth/test-section height 

Frequency, Hz 

Test-section height 

Transonic similarity parameter 

Constant (Section 3.2.6) 

Length of separated region 

Freestream Mach number (uncorrected) 

Local Mach number upstream of shock 

Critical Mach number 

Tunnel unsteadiness parameters (Section 3.2.7) 

Local static pressure 

Freestream static pressure 

Maximum amplitude of pressure fluctuations 

r. m. s. value of pressure fluctuations 

Plenum chamber static pressure 

Reynolds number based on chord 

Perforated wall thickness 

Distance from leading edge, 
Distance from nozzle throat 

Distance of shock from leading edge 

Incidence degs (uncorrected) 

Ratio of specific heats 



NOTATION contd 

T Thickness-chard ratio 

w Circular frequency, 27rf rads/sec 
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11 INTRODUCTION 

Shock-waves forming on wings in high speed flight interact with 
the boundary-layer flow and often lead to the flow separating from the 

surface. The flow separation caused by a shock-wave can lead to flow 

unsteadiness involving fluctuations in pressure over the aerofoil and 
in the wakev sometimes. accompanied-by considerable movements of the 

shock. There is evidence from flight tests (Refs. 6,10) that buffeting 
is associated with shock-induced separation, Other unsteady flow 

phenomena initiated by shock-induced separation are control surface 
oscillations ('aileron buzz$, Refs. 10,23-26). oscillatory flows in 

supersonic intakes (tintake buzzil Ref. 27) and wing-drop (Ref. 6). 

The earliest example of an instability arising from shock-induced 
separation was reported by Daley & Humphreys (Ref, 9) who observed flow 

oscillations on thick aerofoils for propeller-shank sections (15 - 40% 
thickness-chord ratio) at Mach numbers 0.05 above the critical Mach 

number. Leipmann (Ref. 2) observed similar shock-wave oscillations on 
profiles in transonic flow but showed that the tunnel itself was a 
source of disturbance which produced the unstable flow unless it had a 
sonic throat downstream of the model. 

-. 
Holder & North (Ref. 1) noticed 

shock oscillations on an EC 1250 aerofoil with a laminar boundary-layer. 

Surface pressure and normal-force fluctuation measurements on NACA 65A 

series aerofoils with thicknesses ranging from 4 to 12% chord showed 
that many of the aerofoils exhibited random fluctuations, but one 

aerofoil (12% thick) with a laminar boundary-layer produced a periodic 
type fluctuation (Refs. 394). Polentz at al (Ref. 5) measured the 

unsteady normal-force coefficients on several profiles and found that 

an NACA 65-213 profile experienced periodic forces at high lift 

coefficientsv under conditions for which shock-induced separation would 
be expected. From these and other investigations at NPL, Lambourne 
(Ref. 10) concluded that large scale flow oscillations can occur for 

aerofoils with high thickness-chord ratios and laminar boundary-layers 

and that definite frequencies are only associated with aerofoils with 
thicknesses greater than, 10%. 
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Wind-tunnel noise and turbulence can also cause unsteady effects 
in transonic flows*, Freestone & Cox (Ref, 8) noticed upstream travelling 

sound waves in a perforated test-section (without a model) at Mach 

numbers of 0.8 and above. -In a study of transonic channel flow with 
one wall perforated, Meyer & Hiller (Ref. 7) observed shock oscillations 
in the absence-of a model in the test-section. The instability was 
associated with the separation of the boundary-layer on the perforated 
wall. 

Thick wings are of interest since they allow reduced wing 
structural weight or increased aspect ratio. Consequently there is 

considerable interest in the use of thick supercritical wings for civil 

aircraft operating at high subsonic speeds. A difficulty with the use 

of these thick wings could be the existence of periodic flows at 
transonic speeds and low angles of attack. With a periodic flow the 

structural implications for a wing could be very serious particularly if 

the frequency of periodic flow coincides with a structural frequency. 

Transonic flows past thick biconvex aerofoils have been reported 
by Mabey (Refs. 13,14), Finke (Refs. 11,12), McDevitt (Ref4 15) and 
Levy (Refs. 16917). These investigations have established that over a 

narrow range of Mach numberst periodic flows occur involving shock 

oscillations in antiphase on opposite surfaces of the aerofoil at a 
frequency parameter ( wC/Uft) about 1. 

In this experimental investigation the flow at transonic speeds 

on five representative aerofoil sections were studied to examine the 

existence of periodic flows and to determine the conditions associated 

with them. An attempt has been made to explain the physical mechanism 

causing the periodic flow by drawing an analogy with the flow on an 

aerofoil with an oscillating flap (Ref. 40). 

The tests were made in a 63.5 mm x 57 mm (2.5 inch x 2.24 inch) 

perforated wall transonic wind-tunnel which was developed from an 

existing supersonic wind-tunnel. The five aerofoil sections chosen 

were 6 and 14% biconvex aerofoilsq an NACA 0012 Bection, a supercritical 

aerofoil CAST 7 and a symmetrical 11,8% 3oukowski aerofoil. Tests an 

I- 
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the 6% biconvex aerofoil were made to demonstrate steady flows on a 
thin serofoil. The results on the 14% biconvex aerofoil provided a 
bench mark reference for comparison of periodic flows with other 

aerofoils and with the theories currently being developed for unsteady 
transonic flows (Refs. 14-19). Tests on the NACA 0012 aerofoil were 

made since it is a standard aerofoil chosen by AGARD for testing 

transonic aerofoil computations. The CAST 7 aerofoil was chosen as a 

representative of the supercritical group of aerofoils. Tests on 
the Joukowski aerofoil were made to check potential flow theory (Ref. 67). 
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2. EXPERIMENTAL DETAILS 

2.1 Development of the. 2.5 inch Transonic Wind-Tunnel 

The problems encountered in transonic testing in a solid wall 

wind-tunnel or an open jet wind-tunnel are well known (Refs. 42,43). 

At transonic speeds shocks and expansion waves developing in the 

vicinity of the model will be nearly normal to the flow. If shocks are 

allowed to strike a solid wall, they will reflect onto the model giving 

unrepresentative test conditions. Tests at Mach numbers close to 

sonic are limited in solid wall tunnels because of the choking phenomenon 
(Ref. 43). In an open jet wind-tunnel shocks will be reflected from the 

free boundary as expansion waves and will strike the model, again leading 

to false flow. A wind-tunnel with a proper arrangement of solid and open 

wall elements overcomes the problem of choking and minimises the effects 

of reflections of shock-waves and expansion waves. 

A perforated wall transonic wind-tunnel was developed from an 

existing 6.35 cm x 6.35 cm (2.5 inch x 2.5 inch) wind-tunnel. This 

intermittent wind-tunnel is tdrivent by the suction of air at atmospheric 

pressure into two evacuated tanks. These tanks have a volume of 91 

cubic m (3200 cubic ft) and are evacuated by a 50 kW electrically driven 

vacuum pump. A silica-gel bed at the beginning of the inlet duct dries 

the air and prevents condensation. The contraction in the wind-tunnel 
has an area ratio of 144 : 1. The tunnel running time is about 30 secs. 

Some general guidelines for the design of a perforated wall 
test-section are: - 

(1) The minimum hole diameter should be greater than or equal to 

twice the boundary-layer displacement thickness. This 

criterion is based on the need for perforated walls having 

linear flow characteristics (Ref. 44). 
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(2) The maximum diameter of the holes should not exceed 1/50th of 
the test-section height in order to keep the amplitude of 
disturbances caused by the perforations at the model location 
to a minimum (Ref. 44). 

(3) The partially open walls must be extended far enough upstream of 
the model to produce the required outflow of air into the plenum 
chamber ahead of the model. Generally this length is reckoned 
as three test-section heights (Ref. 42). 

(4) In the entrance region the open area must be gradually increased 
to allow a gradual expansion of-the nozzle flow (Ref. 42). 

(5) Open-area ratios from 6 to 30% have been used in various-tunnels. 
With the smaller open-area ratios it is difficult to generate 
the higher transonic Mach numbers because the pressure drop 

through the ventilated area would be higher (Ref. 42). With the 

higher open-area ratios a uniform pressure distribution in the 

test-section is difficult to maintain (Ref. 43). 

Plenum chambers for wind-tunnel test-sections are usually of the 

order of the test-section volume (Ref. 45). 

The turbulent boundary-layer on the test-section wall of the 

wind-tunnel is about 4 mm thick due to the long length of the inlet 
duct. An approximate estimate (Ref. 47) gives a value of 0.5 mm for 
the displacement thickness. Based on the requirements (1) and (2), 

'Veroboardl liners (used for ýalectronic circuit boards) with 1 mm 
diameter normal holes and an open-area ratio of 12% were chosen for the 

top and bottom walls. Plenum chambers with a total volume equal to 

test-section volume are located on the top and bottom walls. The 

side-walls of the tunnel are solid and are provided with 10 cm diameter 

glass windows for schlieren flow visualisation. At the end of the 

test-section the jet expands into a rectangular chamber 10 cm x 6.35 cm 

which leads into a 10 cm diameter diffuser pipe, 0.9 m long. A 

variable second throat (gate valve) located at the end of the diffuser 

pipe is used to vary the Mach number. The wind-tunnel details are shown 
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in Figs. I (a-c)ý 

2.2 Mach Number Measurement 

The stagnation pressure was measured using a pitot probe set up 
in the settling chamber and connected to a mercury manometer. This 

pressure was approximately 1.5 psi lower than atmospheric pressure due 

to the pressure drop across the silica-gel drier bed. The static 

pressures were measured via tappings suitably placed in the nozzle 
liner and plenum chambers. 

The measured stagnation and static pressures determined the Mach 

number using the isentropic flow relations. With a model in the 

test-section the plenum chamber static pressure was used as a reference 
for Mach number measurement (Fig. 1a). 

Figs. 2 (a-d) show the Mach number distribution along the nozzle 
for various divergence angles of the bottom liner. The angle of the 

bottom wall was increased in 0,5 0 steps to determine the position for 

the best Mach number distribution, It is seen that the flow is uniform 
0 upto a Mach number of 1.2 with a wall divergence angle of 2 4, This 

wall angle was fixed for all later tests. 

Pressure traverses across the test-section were made with the 

use of a static pressure probe and a traverse gear. As can be seen 
from Fig. 3 the flow is reasonably uniform upto a Mach number of 1.25. 

Most of the pressure measurements were made using a multi-tube 

mercury manometerv but some measurements, especially the plenum chamber- 

pressure (which is used to determine the Mach number) were made using 

a 'Texas Instruments' fused quartz precision pressure gauge. This 
instrument is accurate to a pressure of 0.002 psi. 

Mach number corrections due to blockage are discussed in Appendix 

C. 
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2,3 Aerofoil Models 

Five aerofoil shapes machined from brass plate were tested in 

the transonic tunnel. The models were: - 

(1) 6% biconvex aerafoil with a chord of 32 mm. 

(2) 14% biconvex aerofoil with chords of 16 mm and 32 mm.,, 

(3) NACA 0012 aerofoil with a chord of 25.4 mm, 

(4) CAST 7 supercritical aerofoil (11,8% thick) with a 

chord of 32 mm, 

(5) 11.8% thick Joukowski aerofoil with a chord of 32 mm. 

The aerofoils are shown in Fig. 4 and their co-ordinates are 
tabulated in Tables 1-3 (Appendix D). The models spanned the tunnel 

and were held between circular windows by friction. The model incidence 

is set accurately by a travelling microscope. 

2.4 Test Conditions 

The aerofoils were tested over the high subsonic range of Mach 

numbers. The tests were made with both free transition end with 
transition fixed by a roughness band. The roughness band was 
Carborundum particles 180 microns dia., stuck on the aerofoil surface 
by a thin layer of durafix. 

Fig. 5 shows the variation of Reynolds number based on the chord 

of the longer aerofoil (32 mm) versus Mach number. The range of 
Reynolds number is 0.4 to 0.5 million. 
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2.5 Test Techniques 

The following test techniques were used: - 

(1) Schlieren Photography 

Schlieren flow visualisation was used for observing the flow past 
the aerofoil. The pictures were taken normal to the tunnel side-walls 
and the knife edge was adjusted to give good contrast. An argon-jet- 
stabilised spark source with a spark duration of 1 microsecond was 

used. Photographs were taken using 3000 ASA Polaroid black and white 
film and the exposure time was equal to the spark duration. 

(2) High Speed Schlieren Cinematography 

To observe the shock movements on the aerofoil surface, schlieren 

pictures were taken with an 8 mm 'Hycamt high speed cine-camera. The 

camera was operated at 6300 frames per second. Ilford 200 ASA film was 

used and the effective exposure time was 60 microseconds. For these 

tests a mercury vapour lamp powered by a DC source (220 V DC9 150 W) 

was used. This system successfully recorded shock-oscillations at 
frequencies upto 1200 Hz. 

Surface Pressure Measurements 

Surface pressure measurements were made only on the 14% biconvex 

aerofoil (32 mm chord). The size of the model permitted only seven 

pressure ports on the surface. The locations of the pressure ports are 
shown in Fig. 6. The pressure measurements were made using a 'Texas 

Instrumentst fused quartz precision pressure gauge. 

(4) Side-wall Pressure Measurements 

Side-wall pressure measurements were made to detect any periodic 
flow over aerofoils and to measure the frequency and amplitude of 
pressure fluctuations. The measurements were made with a 'Kulitel 
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subminiature silicon diaphragm. pressure transducer (5 psi differential) 

mounted on the test-section side-wall with its diaphragm flush with the 

wall as shown in Fig. 7. The transducer has a natural frequency of 
70 kHz. The signal from the transducer was recorded on a 'Datalabl 

transient recorder. The signal was sampled for 40 msecs at the rate 

of 1 point every 10 microseconds and then replayed onto a pan recorder 
for permanent record. In some of the tests the signal from the pressure 
transducer was amplified and recorded an a storage oscilloscope. The 

oscilloscope screen was then photographed using polaroid film. 

For further data analysis the signal was recorded an an 'Ampext 

tape-recorder (D - 20 kHz) at a tape speed of 60 inches/sec. The 

sampling time was 10 secs. Static calibrations were made using a quartz 

pressure gauge. 

(5) Oil-flow Visualisation 

For observation of the surface flow, a mixture of motor oil, 
titanium dioxide and oleic acid was applied to the model. The tunnel 

had to be run about 5 times to produce a good flow pattern. The 

aerofoil surface was coated with black paint to produce a good contrast. 

Tabl. e 4 (Appendix D) shows the various techniques used on the 

serofoils. 
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3, EXPERIMENTAL RESULTS AND ANALYSIS 

3,1 6% Biconvex Aerofoil 

Figs. 8 (a-f) are schlieren pictures of the flow past a smooth 

aerofoil. A weak shock first appears at a Mach number of 0,84 at 44% 

chord. Spreiter's theory predicts a critical Mach number of 0.82 for 
this aerofoil (Fig. 14). The shock moves downstream with increasing 

Mach number and at a Mach number of 0.96 a lambda shock pattern is 

formed (Fig. Of). 

Figs. 9 (a-f) are the schlieren pictures for the case of the 

aerofoil with transition fixed at 25% chord. A weak shock appears at 
a Mach number of 0.84 at 56% chord. The oblique shock at 25% chord is 
due to the roughness. The shock moves downstream to 65% chord at a 
Mach number of 0.92. 

In both cases, the flow is steady at all Mach numbers and 
separation occurs at or near the trailing-edge. 

3.2 14% Biconvex Aerofoil 

Typical schlieren pictures are shown in Fig. 10 for the free 
transition case. For this aerofoil the critical Mach number is about 
0,73 (see Fig. 14). At a Mach number of 0.850, the top and bottom 

surface lambda shocks are antisymmetric suggesting a shock oscillation. 
The separation occurs alternately at the base of the shock and trailing 

edge on the 2 surfaces (Fig. 10c). The oscillation still persists at a 
Mach number of 0.900 (Fig. 10d). The shocks are symmetric again at a 
Mach number of 0.950 but the separation occurs at the foot of the shock. 
The wake is large in extent (Fig. 10s). A few weak shocks are also seen 
behind the main lambda shock. 

Figs. 11 (a-m) illustrate the flow past the aerofoil with fixed 
transition at 25% chord. A weak shock is seen on the aerofoil at 0.58c 

at MW = 0.82. Also there is a small. separation at 0.86c, The shock 
intensifies and moves rearwards with increase in Mach number, to 0.67c 
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at M, 6: = 0.85. The separation point moves slightly forward (Fig. 11 fog). 

Two flow pictures at MCO= 0.86 taken an arbitrary time apart (Fig. 11 h9i) 

suggest a shock ascillationg with the shock vanishing for a part of the 

cycle alternately on the top and bottom surfaces of the aerofoil. The 

separation alternates between the trailing-edge and the foot of the 

shock on the opposite surfaces. The unsteady flow persists at Mod= 0.90 
(Fig. 11 j9k). The flow is steady again at Mcd= 0.95 (Fig. '11 lom) and 
the separation occurs at the foot of the shock. 

Figs. 12 and 13 are the flow pictures for the 14% biconvex 

aerofoil of smaller chord (c 16 mm). The unsteady flow is again 

observed at Mach numbers D. B1 0.87 for the laminar case and 0.82 - 
0.87 for the turbulent case. The same type of flow using a smaller 

model suggests that the unsteady flow is a feature of the aerofoil and 
is not the result of any tunnel interference effect. 

Fig. 15 shows the measured steady shock position plotted against 
the transonic similarity parameter. The experimental points for the 

thin and thick aerofoils correlate wello indicating that blockage effects 

are not serious at these Mach numbers. Also shown is the theoretical 

curve due to Spreiter (Ref. 28) which uses the inviscid shock-jump 

relations and predicts shock positions to be downstream of the 

experimental values. 

3.2.1 Development of Periodic Flow 

High speed photographs (Figs. 16 and 17) illustrate the flow 

development past the aerofoil with fixed transition and at an incidence 
0 of 4, The flow is steady at Mach numbers of 0.81 and 0.85 (Fig. 16 

a and b). The periodic flow occurs at MO= 0.90 as seen in Fig. 17. 

The shocks are displaced by about 0.10c to 0.15c and vanish for a part 

of the cycle. Fig. 18 is a plot of the shock position versus time, 

obtained from the high speed pictures. The to 
'p 

surface shock moves 
downstream from 0.6c to 0.69c and vanishes for a part of the cycle. The 

bottom surface shock moves upstream from 0.90c to 0.74c and also 

vanishes for a part of the cycle but with a phase leg with respect to 
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the top shock. The frequency of shock oscillation is 1.25 kHz and the 

frequency parameter (wc/Um) is 0,85. 

3.2.2 Type of Shock-Wave Motion 

Tijdeman (Ref. 29) has classified the periodic motion of 

shock-waves into three types: - 

(i) Sinusoidal Shock-Wave Motion (Type A) 

The shock moves almost sinusoidally and remains present 
during the complete cycle of oscillationg although its 

strength varies. 

(ii) Interrupted Shock-Wave Motion (Type 9) 

This motion is similar to type A, but now the magnitude 

of the periodic change in shock strength becomes larger 

than the mean steady shock strength and as a consequence 
the shock-wave disappears during a part of its backward 

motion. 

(iii) Upstream-Propagated Shock-Waves (Type C) 

Periodically a shock-wave is formed on one surface of 

an aerofoil. This shock moves upstream while increasing 

its strength. The shock-wave weakens againg but 

continues its upstream motion, leaves the aerofoil from 

the leading edge and propagates upstream into the 

incoming flow as a (weak) free shock-wave. This phenomenon 
is repeated periodically and alternates between upper and 
lower surface. 

According to this classification, the periodic motion of 

shock-waves on the 14% biconvex aerofoil should be classified as type 
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3.2.3 Frequencv Parameter 

The frequency of the oscillatory flow was accurately measured by 

making side-wall pressure measurements (described in Section 2.4). 

Figs. 19 a and b show the pressure traces for the case of free-transition 

and fixed-transition respectivelyt at Mach numbers of 0.82 to 0.95. 

These figures show that the flow is oscillatory rather than unsteady. 
Fig, 20 shows the pressure traces for the case of the test-section 

without the aamfcd-Imodel, for comparison. The frequency measurements 

are expressed as a dimensionless frequency parameter (wc/Uoý. Fig. 22 

shows the frequency parameter plotted against Mach number. The 

frequency parameter is of the order 1.0. 

The frequency parameter is probably fixed by the time taken for the 

disturbance to travel from the trailing edge to the mean shock position 
(frequency being inversely proportional to the distance III from the 

trailing-edge to the mean shock position) (Ref. 13). As the Mach 

number increases the shock moves rearward and the frequency parameter 
increases slightly. This is seen in Fig. 22, but there is a minor 

anomaly at the Mach number of 0.88 for the laminar interaction (for 

explanation see Section 3.7). The shock position is rearward for the 

laminar interaction (thinner boundary-layer) than for the turbulent 

interaction at the same Reynolds number. Hence the frequency parameter 
is higher for the laminar interaction. 

For the smaller chord aerofoil (c = 16 mm) periodic flow occurred 

at a somewhat lower Mach number 0.83 - 0.87 (Figs. 21 and 22) since 

separation occurs earlier at a lower Reynolds number. At the same 
Mach number the frequency parameter is lower for the shorter aerofoil 
than for the longer aerofoil (c = 32 mm). This is reasonable since 

at the higher Reynolds number the relative thickness of the turbulent 

boundary-layer is lower, so the shock is located more towards the rear 
thereby increasing the frequency. For the smaller aerofoil, the 

frequency increases first and then drops with increasing mach number. 
The roughness used for fixing transition is relatively large for the 

smaller aerofoil and gives rise to a strong oblique shock which 
interacts with the main shock. This probably has an effect on the 
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frequency of shock oscillation. 

3.2.4 Instability Mach Number Ranqt 

Three types of flow were observed on the 14% thick biconvex 

aerofoil at high subsonic speeds: - 

(1) Steady flow with trailing edge separation at 
Mach numbers lower than 0.83 for laminar 

interaction and lower than 0.86 for turbulent 

interaction. 

(ii) Unsteady flow with separation alternating 
between the trailing-edge position and the base 

of the shock. This occurs at Mach numbers 
between 0.83 - 0.91 for the laminar interaction 

and between 0.86 - 0,90 for the turbulent 

interaction. 

(iii) Steady flow with shock-induced separation at 
Mach numbers greater than 0.91. 

3.2.5 Power Spectra 

The pressure traces (Figs. 19-21) have frequency components 

due to the tunnel noise in addition to the discrete frequency due to 

the aerofoil flow instability. 

A frequency analysis was performed to determine the frequency 

composition of the data. The voltage signal from the pressure 

transducer was recorded on magnetic tape for a run duration of 10 secs 

at each Mach number and subsequently analysed to determine the 

frequency spectrum. The results are expressed in terms of the power 

spectral density function (p. s. d. ) versus frequency (see'Appendix 

A for details). 



15 

Fig. 23 (a-d) shows the p. s. d. vs. frequency for the empty 
tunnel at Mach numbers 0.81 - 0.94. The tunnel noise has a peak at 
1600 Hz which is the resonance frequency of the perforated test-section 

plenum chamber combination (see Section 3.2.6). 

rig. 24 (a-c) is the power spectra for the case of flows past 
the aerofoil with frestransition. At Mw= 0.84 the power spectra 
(rig. 24a) shows 2 peaks at 1200 Hz and 1500 Hz. However the pressure 
traces obtained on a transient recorder show only one frequency at 

approximately 1400 Hz (rig. 19 a-c). The unsteadiness probably occurs 
in bursts of 2 frequencies (1200 and 1500 Hz) and since the data has 

been sampled over a short duration of 40 msecs on a transient recorder, 

only one burst of frequencies at approximately 1400 Hz has been captured. 
The power spectrum'is calculated from data sampled over a longer time 

(approximately 10 secs) and hence represents a better average. At 

F6= 0.87 and 0.90 the power spectrum shows that the shock-oscillation 
is locked into the tunnel resonance frequency (1600 Hz) and must be 

regarded as a forced oscillation (Fig. 24 b-c). 

With transition fixedq the power spectrum indicates a peak at 
1150 Hz at Mach numbers 0.86 to 0.899 (Fig. 25 a-c)q corresponding to 

the shock-oscillation. 

Some tests were also conducted to determine the frequency 

spectrum of the empty tunnel with the perforations sealed off with 

sellotape (Fig. 26 a-d). The r. m. s. value of pressure fluctuations 

with the perforations open and closed are of the same order of 

magnitude suggesting that most of the pressure fluctuations originate 

upstream of the test-section. The frequency peak at 1600 Hz is more 
dominant with the perforations open (for ego Figs, 23a and 26a). 

3.2.6 Resonant Frequencies of Ventilated Wind-Tunnels 

The resonance frequency of a ventilated wind-tunnel depends on 

the freestream Mach numberg the plenum chamber depth and a wall 

porosity factor 2K I T/H T 
(where K1 is a function of the open area ratio, 
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T is the wall thickness and HT is the tunnel height). Fig. 27 is a 

plot of resonance frequency versus Mach number for a perforated 
tunnel with normal holes (2K 

1 T/H T=0.3) for different plenum chamber 
depths, obtained by theory (Ref, 30) and experiment. For the 2.5 inch 

tunnel 2K 1 T/H T=0.3 and d=1.16, the resonance frequencies obtained 
from the frequency spectrum (Figs. 23 a-d) are shown in Fig. 27. There 

is general agreement between our results and the trends indicated by the 

experiments of Ref. 30. 

3.2.7 Mannitude of Side-Wall Pressure Fluctuations 

The r. m. s. intensity of pressure fluctuations as measured on 
the side-wall (Fig. 7) are shown in Fig. 28 for the laminar and 
turbulent unsteady flow regions. Also shown is the empty tunnel 

pressure fluctuation level. The maximum pressure fluctuations occur 

close to the middle of the unsteady flow regime. The pressure' 
fluctuations are significantly higher for the laminar interaction 

than the turbulent interaction. This is to be expected since turbulent 

boundary-layers are more resistant to separation than laminar 

boundary-layers. 

The transducer being mounted on the side-wall of the tunnel, 

also receives excitation from the fully developed wall turbulent 

boundary-layer. This is a smallp nearly-constant correction which is 

usually taken as 'F/q 
= 0.006 (Ref, 33). The present results are 

however left uncorrected. 

Fig. 29 compares the r. m. s. pressure fluctuations of the empty 

test section with the perforations open and closed. The pressure 

fluctuations with the perforations sealed are slightly higherv 

indicating that the tunnel unsteadiness isInot associated with the 

perforated test section. 

Owen (Ref. 33) and Mabey (Ref. 34) describe a method of presenting 
the tunnel unsteadiness. The results are expressed in non-dimensional 
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form by dividing the r. m. s. intensity of pressure fluctuations, P by 
the wind-tunnel dynamic pressure q. A non-dimensional frequency 

parameter N=f1 W/Uco is used where f1= frequency Hz, W= width of 
tunnel m, and UO= velocity m/sec and a non-dimensional spectrum 
function F(N) such that 

N= CC L09N + 00 

P2 /q 2 
JF(N) 

dN = 

SN 
F(N) d (logN) 

00000* 
(1) 

N=0 LogN =- CO 
F(N) represents the intensity of pressure fluctuations over the 
interval dN 
Integration over any range of frequencies gives the corresponding mean 
square value of the pressure fluctuations. A modified form of 
presentation is used here to compare the present results with those 

measured in other tunnels. The tunnel unsteadiness is expressed as 
I-NF-(N) vs. logN. The same data that were used to determine the 

power spectra are used to determine the value of %rN-F(N). which is given 
by 

, 
fNF(N) (voltage) xK 

qT -C 

where K= Static calibration (psi/volt), 

6: = Analyser-bandwidth ratio Af/fq 

q= Dynamic pressure (psi). 

A constant value of e=0.1 has been used in this analysis. 

9oo9o9 

ýI Figs. 30 (a-d) show the tunnel unsteadiness for Mach numbers 
0.81 - 0.94. Also shown for comparison are the VrNF(-N) values for the 
RAE 4 inch x4 inch wind-tunnel with slotted and perforated working 

sections. The unsteadiness in the 2.5 inch tunnel is higher than the 
RAE model tunnel. To determine the causes would require more 

extensive measurements in the test-sectiong plenum chamber. and 

, diffuser and is beyond the scope of the present work. 
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3.2.8 Pressure Distributions 

Pressure and Mach number distributions on the 14% biconvex 

aerofoil are shown in Figs. 31-34. Considering first the case of free- 

transition (Figs. 31,32), the flow is accelerated almost linearly upto 
40% chord. For comparison the results of linearised theory at MOOý= 

0.7 and O. B17 (Ref. 39) are shown in Fig. 31. The decrease in the Mach 

number downstream of the maximum Mach number position is due to the 

impingement of the front shock on the boundary-layer. 

Figs. 33 and 34 are the pressure distribution and local Mach 

number distribution for the case of fixed-transition at freestream Mach 

numbers of 0.85 and 0.91 which are just outside the instability region. 
The upstream influence of the shock is smaller compared with the free- 

transition case. 
4A 

In the instability region, the Mach number upstream of the shock 
lies within a narrow range of 1.22 to 1.26 for fixed-transition and in 

the range 1.1 to 1.2 for freB-tr8nsition. 

3.2.9 Oil Flow Visualisation 

Figs. 35 (a and b) are the oil flow pictures of the aerofoil 

surfacet for the case of fixed-transition at Mach numbers 0.80 and 
0.85 respectively. The flow looks quasi-two-dimensional for the 

central 70% of the span. At Mco= 0.80 there is separation' 

at 89% chord. At MOO= 0.85 the oil flow indicates a shock at 69% chord 

and separation at 87% chord. These two pictures are for steady flow and 
the shock and separation positions compare well with the schlieren 

pictures. 

3.2,10 Origin of the Periodic Flow 

The experiments illustrate a periodic flow occurring on a rigid 
14% thick biconvex aerofoil at transonic speeds. The frequency of the 

shock-oscillation is inversely proportional to the chord length 
(Section 3.2) indicating that the periodic flow is due to the aerofoil 
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and is not caused by any tunnel effects. 

The instability is basically a viscous effect. If it were 
inherent in the transonic inviscid flow, then the instability would 

start and end at particular values of the transonic similarity parameter. 
Periodic flows on other biconvex aerofoils have been reported by 

Karashima (10% thick, Ref. 22)t Mabey (12-16% thick, Ref. 13), McDevitt 

(18% thick, Ref. 15) and Finke (20% thickq Ref. 11). The instability 

Mach numbers in terms of the transonic similarity parameter (K) are 

shown in Fig. 36 as a function of thickness-chord ratio. The critical 
Mach number line due to Spreiter (Ref. 28) is also shown. The 

instability does not start and end at particular values of the 

similarity parameterg thereby indicating that it is not due to the 

transonic inviscid flow. Also the results of computations on an 18% 

thick biconvex aerofoil (McDevitt, Ref, 15) showed that when the 

viscosity was eliminated, the solutions showed a'steady flow. 

The frequency parameter is probably determined by the time taken 

for the disturbance to travel a length Ilt, from the trailing-edge to 

the mean shock position (1 = length of separated region). Fig. 37 

shows the frequency parameter based on tl' plotted against the similarity 

parameter. As can be seen, the frequency measurements for different 

thickness-chord ratios are well correlated. Fig. 38 is a plot of the 

ratio of frequency parameter to the empirical factor A=7 (1 - MOO)/ 

2MOD derived by Erickson and Stephenson (tAt is inversely proportional 
to the time taken for the disturbance to travel length t1l), versus the 

similarity parameter. Although the experimental values do not exactly 

agree with the empirical resultt the use of the parameter (wk/U A) does do 
reduce the variation in the frequency parameter with the similarity 

parameter K (compare Figs. 37 and 38). 

A viscous solution (Ref. 15) for an 18% thick biconvex half 

model (for which unsteady flow occurred on the full aerofoil at 
M*6= 0.754) produced a'steady flow solution. The half model 
boundary conditions preclude communication of pressure waves across the 

aerofoil wake and provide a solid boundary upon which the separated 
boundary-layer can re-attach. It was also determined experimentally 
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that a one quarter chord trailing-edge splitter plate stopped the 

unsteady flow at all Reynolds numbers. Viscous computations for the 

same aerofoil and splitter'plate at the same conditions as above, 
produced a steady state solution. 

The shock oscillation mechanism is related to-the 

oscillation of the wake starting at the trailing-edge (Ref. 13). This 
is discussed in Section 5.2. 

Over the observed instability region the Mach number ahead of 
the shock (M lies in a narrow range (for turbulent boundary-layers) 

1.22 <M 
1<1,26 . 

The lower value of M1 is nearly the Mach number at which shock-induced 

separation begins. Our schlieren pictures at Mcoý= 0.85 (Fig. 11 

f, g) show the separation to occur at the base of the shock. Theoretical 

predictions for the separation of a turbulent boundary-layer on a 

curved wall1by a weak normal shock (Ref. 35) give a value for M1 of 
1.18 to 1.37 depending on Reynolds number. The instability Mach 

numbers lie in a range where separation effects are significant. 
Osborne's criterion (Ref., 36) for the critical Mach number for the 

onset of significant separation gives a value for M, = 1.27 (see 

Appendix B for details). 

Two configurations of the 14% thick biconvex aerofoil were tested 
to study the effect of the conditions at the trailing-edge on the 

periodic flow. Also one set of tests were made with a blunt nose. The 

results of these tests are described in the following sections: - 

3.2.11 Aerofoil Tests with blunt Trailinq-Edqe 

The tail portion of the aerofoilwas removed in stages, a small 
amount at a time, (Fig. 39). and tests performed in the original 
instab: MityMach number range. The results are shown in Figs. 40 and 41. 
For the case of fixed-transition, the frequency of shock oscillation 
increased from 1.15 kHz to 1.6 kHz as the aerofoil chord c1 decreased 
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from 0.976c (where c is the chord of the full aerofoil) to 0.952c. This 

suggests that the frequency of shock oscillation depends on the distance 

between the trailing-edge and mean shock position. However, as the 

aerofoil tail was cut further, the shock-oscillation persisted at the 

same frequency of 1,6 kHz (forced oscillation) until the aerofoil was 
0.825c at which point the shock oscillations stopped. 

In the case of free-transition, the shock oscillations persisted 

at the same frequency of 1.6 kHz as that of the full aerofoil, on 

reduction of the tail end of the aerofoil. The shock-oscillations 

stopped when 14.3% of the aerofoil was taken off the trailing-edge 
(see Tables 5 and 6). 

3.2.12 Aerofoil Tests with Splitter Plate 

This configuration is shown in Fig. 39. The aerofoil chord Ict 

was maintained at the same value as that of the complete aerofoil 
(32 mm). The aerofoil portion at the tail was taken off in stages as 
beforep but leaving the splitter plate intact. The results of these 

tests are shown in Tables 7 and B. Schlieren pictures are shown in 

Fig. 42. For the case of fixed-transition, the shock oscillations 

occurred at the same frequency as that of the full aerofoil (1.1 to 

1.2 kHz) until the aerofoil chord c1 was reduced to 0.852c at which 

point the shock oscillations stopped (see Table 7). This indicates the 

importance of a definite length between the trailing-edge and the shock 

position which determines the timing of the feedback of signals 

establishing the periodic flow. 

For thecase of free-transition also, the shock. oscillations 

occurred in the same way as with the full aerofo. U (frequency 1.6 kHz 

forced oscillation) and persisted even when the chord c was reduced to 

0,826c (see Table 8). 
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3.2.13 -, Aerofoil Tests with Blunt Nose 

Tests were repeated at the instability Mach numbersl with an 
aerofoil with blunt nose (Fig. 39). The shock oscillations occurred 

again at the same frequency as with the original aerofoil(Fig. 43). 

This test suggests that the periodic flow is unaffected by conditions 

at the leading edge. This is a very useful result since computations 

usually have to assume a nose-bluntness to avoid the singularity at the 

sharp leading edge. IThe tests also indicate that wind-tunnel 
interference is small (see Section 3.2.15). 

3.2.14 Effect of Reynolds Number on Periodic Flow 

A comparison of our low Reynolds number (0.4 x 10 6) 
results with the 

high Reynolds number (7 x 10 6) 
results (turbulent boundary-layer) shows 

that the periodic flow occurs at nearly the same Mach number and 
frequency parameter. This shows that with a turbulent boundary-layerl 

6 
scale effects are small upto a Reynolds number of 7x 10 

With a laminar boundary-layer, scale effects are large and the 

periodic flow, disappears over a Reynolds number range of 3.6 x 10 6 to 

4.8 x 10 6 (Ref. 14). This is due to the onset of and completion of , 
transition at the above Reynolds numbers and is discussed in Ref. 14. 

3.2.15 Wind-Tunnel Interference 

In our tests the blockage ratio was high (7.85%). However the 

periodic flow occurred at nearly the same Mach number as that in the 

RAE tests (blockage 4.3%, Ref. 14). Also the periodic flow was not 

sensitive to a large nose-bluntness (Section 3,2.13). This shows that 

the static interference of the tunnel is small. 

As already shown (Sections 3.2.5 and 3.2.6) the resonance 
frequency of the perforated hard wall and plenum chamber combination 
is 1600 Hz. For shock oscillation frequencies close. to this frequency, 

the dynamic interference of the tunnel wall can alter the frequency 

parameter of the periodic flow. However it cannot start or stop a real 
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instability. This dynamic interference can be reduced by the use of 

a sound-absorbing wall. 

3.3 NACA 0012 Aerofoil 

An NACA 0012 aerofoil has been chosen for investigation because 

it is a standard aerofoil selected by AGARD for testing numerical 

solutions (Ref. 5B); this section is used for helicopter blades 

(Ref. 57) and experimental and theoretical results for the steady flow 

characteristics of this aerofoil are readily available (Refs. 51-58, 

60). 

3.3.1 Aerofoil at Zero Incidence 

Fig. 44a shows the schlieren pictures of the flow on the aerofoil 

with a turbulent boundary-layer and Fig. 44b shows the side-wall 

pressure fluctuation traces. The critical Mach number for this aerofoil 
is 0.725 (Ref. 53). The shock is seen on the aerofoil at M,, = 0.744 

at 0.24c. The pressure fluctuation is random in nature at Mach numbers 
0.7 to 0.762. The shock moves rearward with increase in Mach number 

and at MOD= 0.839 the top and bottom surface shocks are slightly 

symmetric and separation extends from the foot of the shock towards the 

trailing-edge. Pressur a traces at Mco= 0.816 and 0.843 show that the 

flow is periodic. At MOD= 0.898 the flow is quasi-steady again 
(with random pressure fluctuations). The schlieren picture at M06= 

0.928 shows that the shocks are assymmetric probably due to flow 

angularity at Mach numbers approaching sonic. The pressure trace at 
Moo= 0.921 indicates no periodic pressure fluctuations. 

Fig. I 46a shows three schlieren pictures of the flow at 1%, = 
0.835 taken in 3 tunnel runs. These illustrate the shock-oscillations 

and show that the shock is displaced by as much as 15% chord. 

Figs. 45a and b are the Bchlieren pictures and side-wall pressure 
traces for the flow on the aerofail with a laminar boundary-layer. A 

number of weak shocks are seen on the aerofoil surface at M, 00= 0.807. 

The pressure traces show random pressure fluctuations at Moo= 0.693 
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and 0.783. At Moo= 0.827 the flow turns periodic. as. -can. be 

seen from the pressure trace. The schlieren picture at Mco= 0,844 

shows a lambda'shock followed by a weak shock. The periodic flow 

persists at No= 0.852. At Moo= 0.895 the pressure fluctuations 

have dropped in intensity, but the schlieren picture at Moo= 0,904 

shows the shocks to be slightly assymmetric. With further increase in 

Mach number the periodic flow occurs again at No= 0.927. The top 

and bottom surface shocks are displaced by as much as 0.30c. 

The set of schlieren'pictures, Fig. 46bg illustrate the shock- 

oscillations at MOD= 0.94. The pictures show the existence of two 

lambda shocks followed by a weak nearly normal shock-wave on each 

surface. I 

3.3.1.1 Shock Positions 

Fig. 47 shows the shock positions at different Mach numbers 

obtained from the schlieren pictures of the present tests and compared 

with other published literature (Refs. 51-54). The shock positions 

agree well with other experiments upto a Mach number of 0.85. Beyond 

F6= 0,85 Vidalts results (Ref. 53) show the shock positions to be 

10 to 22%c rearward of that observed in the present tests. Vidal's 

tests were performed in a large tunnel with a H/C of 16 (H = tunnel 

height) whereas our tests have been made in a tunnel with H/C = 2.15. 

The schlieren picture at No= 0.928 shows that the shocks reach upto 
the tunnel walls (Fig. 45a). Hence tunnel interference probably 
inhibits the rearward movement of the shock at the higher Mach numbers 
(Ref. 59). 

Fig. 48 shows the shock positions observed on the aerofoil in 

different tunnels at high Reynolds numbers (Refs. 52,60). The DFVLR 

tests (Ref. 52) show that the shock moves rearward with increase in 

Mach number but suddenly moves forward between Moo= 0.84 and O. B65, 

before it moves rearward again with increase in Mach number. It is 

interesting to note that our experiments show a shock-oscillation at 
M, O= 0.84. According to Pearcey (Refs. 41,61) the divergence of 
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the shock position vs. Mach number curve indicates the onset of 

shock-induced separation. Hence the shock oscillation occurs at the 

beginning of shock-induced separation. In the opinion of the author, 
the forward movement of the shock in the DFVLR tests is due to shock- 

oscillation. 

Most of the results of the tests in the different tunnels agree 

very well (Fig. 48). The shock positions observed in our low Reynolds 

number tests are 2- 8% chord forward of those observed in the high 

Reynolds number tests. This is to be expected since the relative 
boundary-layer thickness would be lower at the higher Reynolds numbers 
thereby moving the shock rearwards. 

3.3.1.2 Frequency Parameter 

The frequency parameter of the oscillatory flow is nearly 1 for 

the case of the aerofoil with a turbulent boundary-layer and increases 

slightly with Mach number (Fig. 49). The frequency of shock oscillation 
is near the tunnel resonance frequency of 1.6 kHz (Ref. 12) and hence 

the oscillation must be considered as a forced oscillation. Though the 

oscillation is forced, the result still indicates that shock oscillations 

are due to the flow on the aerofoil-and such an oscillation would occur, 

at the same frequency parameter on an aerofoil of different chord. 

With a laminar boundary-layer there are two ranges of periodic 
flow, i. e. at Mao= 0.83 to 0.85 and 0.93 to 0.95. The frequency 

parameter drops from a value of 0.95 at the lower Mach, number range to 

0.65 at the higher Mach number range. The oscillation is forced at 
the lower Mach numbers. Although the oscillation is forced the results 

are indicative of periodic flow. 

3.3.1.3 Maqnitude of Side-Wall Pressure Fluctuations 

Fig. 50 shows the magnitude of the side-wall pressure 
fluctuations for the empty, tunnel and with the aerofoil in the 

test-sectiong at the instability Mach numbers. The maximum value of 
the pressure fluctuation C& P 

max 
) increases from the empty tunnel 
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value of 1.5% of dynamic pressure (q) to 3% at theinstability Mach 

number for the aerofoil with a turbulent boundary-layer and decreases 

slightly with Mach-number. 

In the case of the aerofoil with a laminar boundary-layer the 

pressure fluctuation level is somewhat lower at the lower instability 

Mach number rangeq but increases to 4.5% of dynamic pressure at the 

higher instability Mach number range 0.93 - 0.95. The chordwise extent 

of the laminar interaction is larger at the higher Mach numbers as can 
be seen from Figs. 45a and 46b. Hence the pressure fluctuation level 

is higher. 

3.3.2 Aerofoil at an Incidence of 3 

Fig. 51 shows the schlieren pictures and side-wall pressure 
traces of the flow an the aerofoil with fixed-transition at 10% chord. 
The results show that periodic flow occurs between Mach numbers 0.839 

and 0.871. At MCO= 0.906 the aerofoil develops steady shock-induced 

separation. The schlieren picture shows the shear layer to be deflected 

upwards at the foot of the upper surface shock. 

The frequency of the oscillatory flow is 1,63 kHz and is a 
forced oscillation. The frequency parameter is nearly 1 (Fig. 49). 

The amplitude of pressure fluctuations is higher with the aerofoil at 
incidencep and ranges from 5 to 6% of dynamic pressure (Fig. 50). 

Fig. 52 shows the results of the tests on the aerofoil with a 
laminar boundary-layer. A weak shock appears first at Mý*- 0.723 

on the upper surface of the aerofoil. Two lambda shocks are observed 

at Mw= 0.750. With an increase in Mach number to 0.796 the 2 

shocks coalesce to form a single lambda shock and weak shocks appear on 
the lower surface* Separation occurs at the foot of the shock on the 

upper surface. The pressure fluctuations are random in nature. At 

Mwý= 0.919 the separation is larger in extent and the pressure trace 

shows a periodic flow. Waves of an acoustic type are seen behind the 

shock. The frequency of shock-oscillation is 1.67 kHz and is a forced 
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oscillation. The pressure fluctuation level is lower (2.8% of dynamic 

pressure) (Fig. 50). 

3.3.3 Aerofoil at an Incidence of 60 

Fig. 53 shows the development of the flow with increasing Mach 

number over the aerofoil with fixed-transition. Shock-induced separation 

occurs on the upper surface of the aerofoil at No= 0.748. A weak 

shock appears an the lower surface of the aerofoil at Mco= 0.859. 

The pressure trace at M,, = 0.842 shows a periodic flow at a somewhat 
higher frequency of 2.13 kHz. The periodic flow persists at MOO= 

0.879, but the frequency is lower (1.1B kHz). At Plw= 0.922 the flow 

is quasi-steady again with shock-induced separation. The magnitude 

of side-wall pressure fluctuations at the instability Mach numbers range 

from 5 to 6% of dynamic pressure. 

With a laminar boundary-layert shock-induced separation occurs at 
Me&= 0.725. The periodic flow occurs over a range of Mach numbers 

0.796 to 0.927 (Fig. 54). The frequency of shock-oscillation increases 

from 1.1 kHz at Mo6= 0.796 to 1.6 kHz at Mao= 0.927. The oscillation 

is forced at Moo= 0.927. The pressure fluctuation level ranges from 3 

to 6% of dynamic pressure (Fig. 50). 

Table 9 summarises the results of the tests. 

3,3.4 Some Comments 

The experiments illustrate an oscillatory flow due to shock-induced 

separationg occurring on a rigid NACA 0012 aerofoil at zero and positive 
incidences. A periodic flow of this type has not been reported for this 

serofoil, Howeverp Vidal (Ref. 53) has reported that this aerofoil 
has unusual characteristics at small angles of attack for Mach numbers 

between 0.8 and 0.925, namely that the slope of the CL-a curve is 

VBry small (Fig. 55). 

For the periodic flow with a turbulent boundary-layerp (a=0 0) 
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the Mach number upstream of the shock lies in a narrow range 

1.24-< M1<1.28 . 

This is based on the pressure distribution data of Vidal (Ref. 53). 

Comparison of the pressure distribution data (Refs. 53,60) at 
low and high Reynolds numbers (25 x 10 6) (Fig. 56) show good agreement 

suggesting that scale effects are small provided the boundary-layer is 

turbulent. 

The frequency of the periodic fl'ow is probably determined by the 

distance between the trailing-edge and the mean shock position, 
(Section 3.2.3), Accordingly, as the Mach number increases the shock 

moves rearwards and the frequency parameter should increase. The results 

show that the frequency parameter is nearly constant or increases, but 

there is an anomaly with the results of the tests at an incidence of 6a 

. Fig. 49). 

3.4 CAST 7 ISupercriticalt Aerofoil 

The basic idea in the use of supercritical wing technology is the 

suppression of boundary-layer separation by shifting the shock-waves 
that occur on the wing towards the trailing-edge and making them as weak 

as possible (Ref. 64). An aerofoil designed for shock-free transonic 

flow would remain shockless only for a specific Mach number and angle 
of attack. Aerofoil sections that permit shock-free transonic flow are 
computed by the determination of smoothp transonic steady solutions to 

the equations of irrotational, motion of an inviscid, compressible fluid. 

CAST 7 is a supercritical aerofoil designed by Dornier, having 

a thickness-chord ratio of 11.8%. At its design condition (M,, = 0,76, 
CL=0.61 a= 00) the aerofoil has a supersonic 'roof topt on the upper 

surface terminated by a shock-wave at 60% chord (Refs. 63966). 
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Experiments on a Whitcomb supercritical aerofoil (Ref. 65) 

showed that under toff design' conditions unsteady flows can occur. 
Experiments on the CAST 7 aerofoil were performed with the objective 

of det6rmining the existence of any unsteady flows on this supercritical 

aerofoil. 

3.4.1 Aerofoil at Zero Incidence 

Fig. 57 shows the results of the tests on the aerafoil with 
fixed-transition at 10% chord. A characteristic feature of the aerofoil 
flow is the existence of two shocks on the upper surface of the aerofoil. 
At Mco= 0.7550 two weak shocks exist at 0.24c and 0.56c on the upper 

surface and a weak shock on the bottom surface. 

With increase in Mach number the shock on the lower surface moves 

rearwards and at Moo= 0.8119 the flow separates at the foot of the 

shock. On the upper surface the rear shock moves rearwards end 

strengthens with increasing Mach number, while the week shock at the 

front moves rearwards until n)o= 0.811* At Mco= 0.842 a new front 

shock appears at 20% chord, which moves to 32% chord at Moo= 0.876. 

There are however no published results at these Mach numbers to compare 

our results with. 

The pressure traces show random pressure fluctuations at Moo= 

0.809 and 0.839. At Moo= 0.873 the pressure trace indicates pressure 
fluctuations of the periodic type but the amplitude of pressure 
fluctuations is of the order of the empty tunnel pressure fluctuations 

(& Pmax/q= 1.5%). 

Fig. 59 shows the results of the tests with a laminar boundary- 

layer. The salient features of the flow are the presence of weak shocks 

at Mach numbers of 0.758 and 0.789, At the higher Mach numbers multiple 
lambda shocks appear on the two surfaces, Shock-induced separation 

occurs on the lower surface at Moo= 0.847. The pressure traces show 

low level random pressure fluctuations. 
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A comparison of our'results with the pressure distribution 

data obtained at DFVLR (Ref, 66) at M,, = 0.76 is shown in Fig. 5B. 

The shocks are about 6%'forward in our experiments. The differences 

between the two results are probably due to the difference in Reynolds 

number and small differences in Mach number. There are no published 

results at the higher Mach numbers. The flow is steady at all Mach 

numbers upto 0.88 due to the presence of only weak shocks. 

3.4.2 Aerofoil at an Incidence of 3a 

Fig. 60 shows the results of the tests on the aerofoil with a 
turbulent boundary-layer. The schlieren pictures show the existence 

of two shocks on the upper surface of the aerofoil upto a Mach number 

of 0.839 and a single strong shock at higher Mach numbers. 

Fig. 61 compares our results with the pressure distribution data 

obtained in the DFVLR tunnel (Ref. 66). The Mach number and incidence 

are slightly different in the two experiments and the Reynolds number 
is higher in the DFVLR tunnel. The DFVLR results show the existence 

of only one shock at 50% chord whereas our results show that there are 
two shocks, one at 24% chord and the other at 54% chord. The reasons 
for the differences are not understood. 

The pressure traces show that the flows are steady at all Mach 

numbers upto 0.90. 

Fig. 62 shows the side-wall pressure traces for the flow on the 

aerofoil with a laminar boundary-layer. Random pressure fluctuations 

are observed at Mach numbers of 0.757 and 0.822 and periodic pressure 
fluctuations at Mao= 0.853 and 0.887. The frequency parameter is 

about 0,50. The amplitude of pressure fluctuation is low (about 2% of 
dynamic pressure)* 
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3.4.3 Aerofoil at an Incidence of 60 

The results of the tests on the aerofoil with a turbulent 

boundary-layer are shown in Fig. 63. The characteristics of the flow 

are the existence of a single shock only on the upper surface of the 

aerofoil which moves rearward with increasing Mach number. A few weak 

shocks appear on the lower surface at Moo= 0.872. Separation occurs 

at the foot of the shock at Mach numbers of 0.811 and greater. The 

pressure traces show the flow to be steady at all Mach numbers upto 
0,87. 

With a laminar boundary-layerg multiple lambda shocks occur at 
Mach numbers of 0.724 and 0.754 and at Moo= 0.785 to 0.822 the lambda 

shock is followed by a weak nearly normal shock-wave (Fig. 64). At 

Moo= O. B22 separation occurs at the foot of the shock and the pressure 
trace indicates a periodic flow. However the amplitude of pressure 
fluctuations is of the same order as the empty tunnel pressure 
fluctuations (! 21.5% of dynamic pressure). At Mod= 0.851 only a 

single lambda shock exists and the pressure trace shows a periodic flow. 

The frequency parameter is 0.65 and the amplitude of pressure 
fluctuations is about 4% of dynamic pressure. At Moo= D. BB3 the shock 
has moved rearwards and weak shocks occur on the lower surface. 
The pressure trace shows random pressure fluctuations. 

The results are tabulated in Table 10. 

3.5 ' 11.8% Joukowski Aerofoil 

The tests on a symmetric 11.8% Joukowski aerofoil were prompted 
by the theoretical work of Steinhoff & 3ameson (Ref. 67) who reported 

multiple solutions of the steady transonic potential flow equation at 
Mach numbers between 0,82 - 0.85 at zero incidence for this aerofoil. 
The tests were made to check whether these multiple solutions have a 

physical counterpart* 

This aerofoil has its maximum thickness at 23% chard and has a 
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cusped trailing-edge (Fig. 4). 

3.5.1 Aerofoil at Zero Incidence 

Fig. 65 shows the results of the tests on the aerofoil with a 
turbulent boundary-layer. The critical Mach number calculated by the 

solution of the equations of motion for a compressible, steady, 
irratational flow past the aerofoil (Ref. 68) is 0.746. The schlieren 

picture shows a weak shock at Moo= 0.747 at 0.18c. With increase 

in Mach number the shock moves slowly rearwards and at Moo= 0.902 

the shock is at 0.46c. Shock-induced separation occurs at MOOF 0.836. 

The shock positions are seen to be forward for this aerofoil as compared 

with the other aerofoils (Fig. 66) due to the maximum thickness position 
being forward. The pressure traces indicate only random pressure 
fluctuations and the flow is steady at Mach numbers upto 0.90. 

The theoretical work of Ref. 67 solves the transonic potential 
flow equation numerically, neglecting effects due to viscosity, vorticity 

and entropy productiong but uses an, artificial viscosity term to 

stabilise the calculation of the supersonic zone. The results for a 
11.8% 3oukowski aerofoil at zero incidence, indicate a symmetric solution 

at Mach numbers below 0.82 and above 0.85. At M06= 0.832 there are 
two solutions - one solution is symmetric and the other is unsymmetric 

with the'shock-wave on the upper surface near the trailing-edge and the 

shock-wave on the lower surface displaced forward (Fig. 67). Our 

experiments show the shocks are symmetric at Mee 0.836 as well as at 
higher Mach numbers. Mabey (Ref. 69) has also experimentally confirmed 
that the flow on the Joukowski aerofoil is steady at these Mach numbers. 
Comparing the symmetric solution witli our experiments we find that 

theory predicts the shocks to be at 70% chord whereas the experiments 

show the shocks to be at 35% chord (Fig. 67). The schlieren picture at 
1%0= 0.836 (Fig. 65) shows that the shocks extend to only 0.56 times 

the height of the test-section and hence the result can be considered 
interference free. There mustq obviously, be some discrepancy in the 

theory particularly in view of the number of assumptions made. In our 

view, any theory which does not take the separated boundary-layer into 

considerationy cannot possibly predict the unsteady flow. 



33 

Fig. 68'shows the results of the tests on the aerofoil with a 
laminar boundary-layer. Weak shocks exist upto M, 6= 0.80 and 
lambda shocks exist at the higher Mach numbers. The pressure traces 
indicate only random pressure fluctuations. 

3.5.2 Aerofoil at an'Incidence of 30 

Only the side-wall pressure measurements were made and these 

are shown in Fig. 69 for the case of the aerofoil with fixed-transition. 

The pressure traces show random pressure fluctuations upto MO= 0.831. 
Between Mw=' 0.85 and 0.887 the flow is periodic, with a frequency 

parameter ranging from 0.41 to 0.47 and a pressure fluctuation level of 
4 to 7% of dynamic pressure, 

With free-transition, periodic flow occurs over the Mach number 

range 0.877 to 0.89 (Fig. 70). The frequency parameter is 0.35 and the 

amplitude of pressure fluctuation ranges from 5 to 7.5% of dynamic 

pressure. 

3.5.3 Aerofoil at an Incidence of 60 

The pressure traces show that periodic flow occurs for Moo= 

0.866 - 0.89 for the case of the aerofoil: with fixed-transition. The 

frequency parameter ranges from 0.40 to 0.47 and the amplitude of 

pressure fluctuations from 7 to 11% of dynamic pressure (Fig. 71). ' 

With a laminar boundary-layer the periodic flow occurs at Mod= 

0.866 with a frequency parameter of 0.64 and a pressure fluctuation 

level of 7.4% of dynamic pressure (Fig. 72). 

The results are tabulated in Table 11. 
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4. COMPARISON OF EXPERIMENTS WITH THEORY 

4.1 Laminar Boundary-Layer Shock-Wave Interaction* 

Trilling (Ref. 20) has considered analytically the interaction 

of a shock-wave incident on the laminar boundary-layer on a flat plate 

at zero incidence and supersonic speeds and has shown that it is 

capable of originating self-supported oscillations. The theory predicts 
that for certain values of shock strength and frequency, self-supported 

oscillations of the flow pattern occur. However there are no experiments 
to either confirm or invalidate the details of the theory. 

Karashima (Ref. 22) has extended-Trilling's approach for the 

case of a thin aerofoil in high subsonic flow. The theoretical model 

is based on a number of assumptions, some of which are unrealistic. 

Also the theory has the disadvantage that the Mach number and the Mach 

number gradient upstream of the shock and the length of the separated 

region must be known from the experiments. The theory is in good 

agreement with the experimental results of Karashima (Ref. 22) for a 

10% biconvex aerofoil and predicts the frequency and instability Mach 

number correctly. For the 14% biconvex aerofoil the theory predicts 

roughly the right order of magnitude for the frequency parameter but 

the variation with Mach number is not predicted (Fig. 73). Given a 

particular aerofoil the theory is incapable of predicting whether the 

flow would be steady or unsteady. Thus for a 6% biconvex aerofoil the 

theory predicts a shock oscillation at Moo= 0.96 whereas in actual 

fact the flow is steady at that Mach number (Fig, 8), 

4.2 Turbulent Boundary-Layer-Shock-Wave Interaction* 

The transonic flow about a 14% thick biconvex aerofoil has been 

computed at NASA, Ames (Refs. 15-19) for both steady and unsteady flows 

by a numerical solution of the two dimensional compressible 
Navier-Stokes equations. The computer code employs algebraic 

eddy-viscosity turbulence models with separate formulations for the 

inner and outer regions of the boundary-layer and for the separated 

region and wake. The computations were made using free flight 

* See Appendix E and F 
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boundary conditions and zero-gradient downstream boundary conditions 
6 

and a Reynolds number of 7x 10 

. 
Fig. 74a provides. a comparison between the predictions of the 

computer simulation (Ref. 17), the present experiments, and those of 
Ref. 14. The freestream Mach number is 0.81 and the flow is steady. 
The predicted shock is located 2% chord downstream of the experimental 

value reported in Ref. 14. The shock location indicated by the present 

experiment is about 8% chord upstream of that indicated by the 

experiments9 of Ref. 14. This is to be expected since the relative 

thickness of the lower Reynolds number boundary-layer is higher and is 

more susceptible to separation. The other factor could, be tunnel 

interferenceg which could restrict the rearward movement of the shock. 

However the predicted sonic lines do not extend to the tunnel roof or 

floor and hence the shock position should not be greatly affected. Both 

sets of experiments show separations, near the trailing-edge (0.87c) 

whereas theory predicts separation to occur first at the base of the 

shock-wave (0.7c) followed by reattachment and subsequent separation 

extending into the wake. The locations of reattachment and subsequent 

separation vary with time. These differences between experiment and 

predictions are attributed to deficiencies in the turbulence model and 

a mismatch in the downstream boundary conditions. 

Fig. 70 compares the predictions with experiments for steady 

flow again but involving shock-induced separation at a freestream Mach 

number of 0.88. The computed shock is located 13%c downstream of the 

experimental values of Ref. 14. At this Mach number the predicted 

sonic lines extend much farther than the experimental tunnel roof and 
floor. Hence tunnel interference could explain the forward location 

of the shock in the experiments. However experimental and computed 

surface pressures upstream of the shock (Fig. 2, Ref. 17) agree well 
indicating that tunnel interference is small. Separation occurs at 
the foot of the shock in both cases. Our results also show the same 

pattern but at a slightly higher Mach number 0.93. 
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Fig. 75 compares the predictions (Ref. 17) and experiments 
for the case of unsteady flow in terms of the time history of the 

shock-wave (top surface shock) motion. The shock positions are compared on 
the basis of chords travelled by the mean flow (Ucot/c). The 

experiments show that the shock vanishes during a part of the cycle. 
The computations also indicate that the shock strength diminishes as 
the shock moves rearwards and probably vanishes, but it depends an 
the method used to define the shock in the theory. (This is discussed 

in Ref. 14). The computations take about 4 hours on a CDC 7600 

computer (Ref. 18). 

Though there is good agreement between theory and experiments, 
Horstmann (Ref. 70) has indicated that the use of the algebraic 

eddy-viscosity turbulence models are rather ladhoct and that improved 

turbulence models are required before existing computer codes can 

correctly predict the flow features characteristic of strong shock-wave 
boundary-layer interactions with relatively large regions of separated 
flow. Thus any agreement with the computed results of Levy (Ref. 17) 

is entirely fortuitous. 

4.3 Theories for Aileron Buzz 

Eckhaus (Ref. 23) has developed an inviscid linearised theory 

for the perturbations due to harmonic oscillations of an aileron. 
Finke (Ref. 11) has suggested an analogy between wake oscillation on 

rigid aerofoils with the theory of Eckhaus. The theory predicts a 

wide range of frequencies and Mach numbers at which the instability 

could occur (Fig. 76). There is some uncertainty as to the Mach number 

of the flow behind the shock-wave. Eckhaus suggests the use of a mean 

value of the Mach number distribution behind the shock. The theory is 

in disagreement with our experimental results as well as those of Ref. 

14, 

Steger and Bailey (Ref. 25) have calculated transonic aileron 
buzz by a numerical solution of the 'thin layer' Navier-Stokes equations 

with an algebraic eddy-viscosity model. A calculation for a P-80 wing 
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section NACA 651-213 (the aircraft PBO/FBO experienced severe control 

problems due to buzz, Ref. 25) predicts a frequency parameter of 0.76 
0 

at Mtjo= 0.82 and a -1 0 The experiments (Ref. 25) indicate that 

buzz occurs when the aileron is held at zero incidence and freedv 

whereas the predictions show the buzz to occur when the aileron is 

initially defected to 40 and then released. Both sets of data show a 

phase difference between the shock, motion and the aileron motion. The 

prediction also shows that the shock vanishes for a part of the cycle. 
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5. DISCUSSION 

511 Parameters for Periodic Flow 

Based on the tests at transonic speeds on five aerofoil shapes 

with a turbulent boundary-layer and zero incidenceg several parameters' 
important for the occurrence of periodic flow have been identified. 

They are: - 

Thickness-chord ratio: must be approximately 12% or 

greater. 

(2) Shock-upstream Mach number: the local Mach number M 

upstream of the terminal shock must lie in a narrow 

range 

1,2 <M1<1.3 

which just induces separation. 

(3) Aerofoil shape: this determines the position of the shock 

on the aerofoil surface. We have already indicated the 

importance of the mean shock position in determining the 

frequency of the periodic flow (Section 3.2.3). 

(4) Trailing-edge angle: a large trailing. -edge angle increases 

the extent of the separation bubble and the possibility of 

a periodic flow. 

Each of these conditions are necessary but by themselves are 

not sufficient for the occurrence of periodic flows. Table 12 lists 

the parameters for the five aerofoils. 
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5.2 The Physical Mechanism causinq the Periodic Flow 

The periodical shock motion on a rigid aerofoil shows some 

similarities with the shock movements observed on an aerofoil with an 

oscillating flap (Ref, 40). Fig, 77 illustrates the steady shock 

patterns on an aerofail at zero incidence and various flap deflections. 

When the flap is deflected downwards the speed along the upper surface 
is increased and the shock is displaced downstream while both the 

shock strength and the size of the supersonic region are increased. At 

the same time the flow speed along the lower surface is reduced and the 

development of the flow pattern is reversed: the size of the supersonic 

region decreases and the shock wave becomes weaker. Beyond a certain 
flap deflection the lower surface flow is completely subcritical. 

Howevert if the flap oscillates with a certain frequencyp it is 

found that there is a time lag between flap deflection and shock 

movement (Fig. 78) and also between shock motion and shock strength 
(Ref. 40). These phase shifts are attributed to the dynamic character 

of the phenomenon, 

Fig. 78 compares the flows an an aerofoil with an oscillatory 
flap (Ref. 40) and on a rigid 14% biconvex aercfoil (Ref. 14). It is 

seen that the flows are similar, with the wake taking the place of a 
flap. The mechanism of shock oscillation could be as follows: - If the 

local Mach number ahead of the shock is near the critical value for 

shock-induced separationg and if shock-induced separation suddenly occurs 

on the bottom surface while the upper surface separation is near the 

trailing-edgeg the effective aerofoil profile is no longer symmetrical 

and we have a situation as in Stage 1 (Fig. 78), with the wake deflected 

downwards. The trailing-edge pressure is then lower on the lower 

surface than on the top surface. According to Pearcey (Ref. 41), the 

wake cannot support any pressure difference between its two edges and 
the interrelation between the two surfaces is governed by the equality 

of pressure at the two edges of the wake at the trailing-edge position. 
To cause a reduction in pressure at the trailing-edge on the top surfaceg the 
flow has to accelerate there (Stages 2-4). At the same time the 

downward deflection of the wake retards the flow on the lower surface 
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causing the shock to move forward and weaken (Stages 2 and 3). The 

acceleration of the flow on the top surface pushes the weak shock 
backwards and intensifies it (Stage 4). The strong shock an the top 

surface now tends to separate the flow upstream of the trailing-edge 
(Stage 5). This together with the forward movement of the shock on the 

bottom surface causes the wake to straighten (zero deflection) (Stages 

4 and 5). This has the effect of accelerating the flow on the bottom 

surface (Stage 6) pushing the weak shock and the separation point 

rearwards, but the separation point on the top surface is forward at the 

foot of the shock (Stage 6). The difference in the position of the 

separation points results in the wake deflecting upwards (Stages 6 and 
7). The upward deflection of the wake would tend to suppress the 

shock-induced separation an the top surface while accelerating the flow 

on the lower surface and exactly the reverse process now proceeds. As 

can be seen there is a time lag between the wake deflection and the 

development of the flow on the two surfaces analogous to the flow on 
the aerofoil with an oscillating flap. 

Tijdeman (Ref. 40) has developed a simplified theory to determine 

the relation between shock position and shock strength by considering a 

shock-wave with prescribed amplitude and frequency in a given steady 
flow field. The instantaneous shock-strength P2 /p, across a shock-wave 

which oscillates sinusoidally with a small amplitude Ix 
01 and frequency 

10 can be expressed as - 

P2 

P1 

P2 

P1 
S 

4y M 6m, iw xe 
iwt 

(Y' +xa 

where M it '&M 1 and a1 are the Mach number, Mach number gradient and 
6x 

the acoustic velocity just upstream of the shock-wave in its steady 

mean position (x =x a)' 
(P2 /pj)x 

=x. 
the pressure ratio across the 

shock-wave in its steady mean position. 
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Calculations using representative values from the experimental 

results for the 14% biconvex aerofoil are shown in Fig. 79. The 

shock strength varies with shock position in such a way that during 8_ 

part of the cycle (1 . 16 *R.. < w-t 1.48 7T ) (i. a. during a part of the 

backward motion of the shock), the pressure ratio P2/P1 is lower than 

1,0. This means that the shock vanishes during that part of the cycle. 
This is in qualitative agreement with the experiments. 
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6, CONCLUSIONS 

Tests on five aerofoils at transonic speeds suggest the following 

conclusions: - 

Periodic flows due to shock-induced separation occur on a 14% 
biconvex and an NACA 0012 aerofoil at zero incidence over a 
narrow range of Mach numbers for both laminar and turbulent 

boundary-layers. 

2. The frequency parameter is nearly 1 and the oscillatory flow 

involves shock movements in antiphase on opposite surfaces of 
the aerofoil. 

3. The aerofoils which did not have any oscillatory flow were the 

6% biconvex, the CAST 7 aerofoil at incidences from 0 to 60 

and the 11.6% Joukowski aerofoil at zero incidence. (With 

turbulent boundary-layers). 

4, The important parameters that control the periodic flow are the 

aerofoil shapep thickness-chord ratio, trailing-edge angle and 

the Mach number just upstream of the shock. Periodic flows can 

be expected to occur on aerofoils (with turbulent boundary-layers) 

at zero incidence with thickness-chord ratios approximately 

equal to or greater than 12% and with large trailing-edge angles 

when the Mach number just upstream of the shock (M 
1) lies in a 

range 1.2 <M1<1.3 which just induces separation. 

5. Periodic flows are widespread in their occurrence on aerofoils 

at incidence. With a turbulent boundary-layer, periodic flows 

occur an the 14% biconvexg NACA 0012 and Joukowski aerofoils 

at Mach numbers ranging from 0.84 to 0,90 and frequency 

parameters ranging from 0.40 to 1.36. 

6, With the aerofoils at incidence and with a laminar boundary-layer 

the periodic flows occur on the 14% biconvex, the 0012 aerofoil, 
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CAST 7 and Joukowski profiles at Mach numbers 0.80 to 0.93 

and the range of frequency parameters is 0.35 to 1.0. 

7, Scale effects are small provided the boundary-layer is turbulent 

at the shock. 
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APPENDIX A 

Power Snectral Analysis 

The power spectral density function describes the frequency 

composition of the data (Ref. 32). The power spectral density of a 

random signal can be defined as the rate of change of mean square value 

of the signal with respect to frequency (Ref. 31). The concept of a 

power spectral density analyser is illustrated in Fig. A. 1. The 

signal is input to a narrow band unity-gaint band-pass filter. The 

output of the filter may be squared and averaged. The mean square 

value so obtained is then divided by the bandwidth of the filter. The 

rate of change of mean square value (power spectral density) at the 

centre frequency of the filter is then obtained conceptually by reducing 
the bandwidth of the filter to zero. The complete PSD function for the 

signal may be obtained from such a circuit by varying the centre 

frequency of the band-pass filter. The data must be re-analysed for 

each new selected value of centre frequency* 

In this analysis, a digital spectral analyser was used. The 

principle used is the same as the analogue analyser. Here the band-pass 

filter is simulated by computing the Fourier Series of a fixed length 

portion of the sampled data sequence, calculating the mean square value 

of the modulus of the Fourier coefficients obtained from a portion of 

the data sequence and dividing by the effective bandwidth of the 'filter, 

represented by the Fourier series estimator. 

An estimate of the power spectral density function is obtained as 
follows: - If the signal y(t) is represented by an N-length sampled 

sequence such that Yn = y(nh), n= 01192 .... N-1 where h= 

interval between successive samples, then the discrete version of 
Fourier transform for arbitrary frequency f is 

N1 

Y(f 9T) =h Yn exp 12 *7r f nh) 

n= 0 
900 00 0 (1) 
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The usual selection of discrete frequency values for the computation 
of Y(f, T) is 

kf kk 
k-T- ýh 09192 N-1 osoooo 

At these frequenciesp the transformed values give the Fourier components 
defined by 

Ck Y (f 1ý 9 T) 

h 

N-i 

n= 0 
Yn eKP 

2 Tr 
N 
kn 

**see* (3) 

k 09192 N 
-i1 

The results are unique only upto k= N/29 (Ref, 31), 

The power spectral density (PSD) is estimated from 

G (k. A fk= Dplg2 -1 )= '2! -! 
1 Ok 2 ee. ooo yy N 

The equation (3) requires a total of approximately N2 complex multiply-add 

operations (where 1 complex multiply-add =4 real multiply-adds) to 

compute all the Ck terms involved. For large N these computations can 
be time and cost consuming. To greatly reduce these computational times, 

Fast Fourier Transform (FFT) procedures have been developed. The FFT 

procedures are based upon decomposing N into its composite (non-unity) 

factors and carrying out Fourier transforms over the smaller number of 
terms in each of the composite factors. ý If N is the product of p 
factors such that 
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rl, r 2r 
i=1 

0000*0 

then Ck in eqn. (3) can be found by computing in an iterative way the 

sum of p terms 

(TN 2 ) 
Fourier transforms requiring 4r 1 real operations each. 

(TN 
Fourier transforms requiring 4r 

2 
real operations each. 

2)2 

Fourier transforms requiring 4r 2 
real operations each. 

r P) 
p 

oooooo 

Hence the total number of real operations becomes 

p 

4(Nr 1+ 
Nr 2++ 

Nr 
p 

4N *seese 

The resulting speed of these FFT procedures to the standard method is 

given by 

Speed ratio 

4N "1 ri 

00 00 00 
(8 ) 
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The majority of FFT algorithms make assumptions on the length of a 
sequence. In this analysis the Cooley-Tukey algorithm has been used. 
This algorithm is based upon "binary" or "power of two" lengths, 
i. e. N= 2p, and uses the properties of the discrete Fourier transform 
based cn the doubling theorem (Ref. 31 p 126) i. e. 

If y1 (J) = Y(2j) 
(= 

=) 
-y 

i, n = 091 

. 
7. 

0*0000 (9) 

and Y2 (J) = y(2j + 1) (= 
=) 2 J, n = Dgl 

i1 

000000 

then Y(n) J(Yi(n) +Y2 (n). exp(--21T. 'in)) 000000 01) 
N 

and y(. u 
+ n) = J. (Y (n) -Y (n). expt -2 7r. in (12) 

212N 

Before the transforms Y1 (n) and Y2 (n) can be calculated the series YO) 

must be partitioned into two series y (J) and y2 (J) containing the 

even and add terms respectively as defined in eqns. (9) and (10). 

The transforms Y1 (n) and Y 2(n) may be calculated separately 
by again applying eqns. (11) and (12), but this time replacing N by 

N/2. Before this can be effected, the two series y1 (J) and y 2(j) 
must be further partitioned as defined in eqns. (9) and (10). (with 

N/2 replaced by N/4). 

The partitioning can be continued until N single element 

partitions have been obtained. At this point the argument is reversedy 

and the required discrete Fourier transform is obtained using 
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successive applications of eqns. (11) and (12), it being noted that 

the discrete Fourier transform of a single element sequence is equal 
to the value of the elementg i. e. 

Y(O) = Y(O) *ooooo 

The partitioning process alters the order of the data sequence y(j). 
Details of the algorithms are in Ref. 31. 

The PSD estimate given by eqn. (4) is usually averaged over a 

number of independent estimates. This averaging process is equivalent 
to the integrator shown in the Fig. A. 1.1. 



56 

APPENDIX B 

Criteria for Shock-Induced Semaration on a Transonic Aerofoil 

The qualitative features of shock-induced separation in a 
transonic flow are described by Pearcey (Refs. 36962). A separation 
bubble at the f oot of a shock on an aero1bil, grows with increasing 

Mach number or incidence. Eventually it either spreads to the aerofoil 
trailing-edge or interacts with the rear adverse pressure-gradient 

causing separation downstream of the bubble. This situation is referred 
to as significant separation. The first appearance of a supersonic 

region downstream of the shock is closely associated with the beginning 

of significant separation. Significant separation has a pronounced 

effect on the total aerofoil flow field. A large number of experimental 

results for aerofoils were analysed by Osborne of NPL. Based on this 

data a purely empirical relationship was developed between the geometry 

of the wrefoil and the Mach number upstream of the shock at which 

significant separation first occurs. The parameter 1XI representing 
the shape of the leading edge and surface curvature just upstream of 
the crest of the aerofail, accounts for most of the variation in the 

critical value of the shock upstream Mach number M1. In the Osborne 

criterion the detailed character of the boundary-layer or pressure rise 
in the interaction region is not required to predict the critical value 

of M1 0 

For the 14% biconvex aerofoilat zero incidence the value of X is 

0.1961. Osborne's criterion predicts a value of 1,27 for M, which is 

close to the measured values of 1,22 to 1.26. 
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APPENDIX C 

Wind-Tunnel Blockane Corrections 

Blockage consists of a variation of the tunnel cross section due 

to model volume and to the model wake. It affects the velocityq static 

and dynamic pressures and the aerodynamic coefficients. The effect of 
blockage is to cause a change in velocity at the model centerline and 

variation of static pressure along the test-section. 

The classical methodv for correcting two-dimensional transonic 

flow results for blockage effectsl is based on linearised subsonic 
theory (Refs. 48,49). However, there is considerable doubt in the 

determination of the porosity parameter used in the theory. Blackwell 
(Ref. 50) has developed an empirical method which uses linear theory in 

addition to wall pressure measurements to infer the blockage interference 

correction. According to this method the correction MB to the 

freestream Mach number is given by 

AmmEmT 

where ME is the average experimental Mach number measured near the 

wind-tunnel walls above and below the model and MT is the average 
theoretical'Mach number at a vertical position representative of the 

wind-tunnel walls using linear theory (eqn. 7, Ref. 50). 

The method has bean applied to determine the blockage corrections 

on 2 aerofoils - the 14% biconvex and 12% CAST 7 aerofoil. The results 

are shown in Figs. C. 1 and C. 2. The blockage corrections are seen to 

be quite low upto M,, = O. B75 for the 14% biconvex aerofoil and upto 
Moo= 0.90 for the 12% CAST 7 aerofoil. However there are limitations 

on the maximum Mach number at which linear theory would be applicable 
(Ref. 49). 
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APPENDIX D 

TABLE 1 

CO-ORDINATES OF CAST 7 AEROFOIL (DESIGN) 

X/C (Y/C) upper (Y/c), Iower 

0 0 0 
0.0004 0.00337 -0.00319 
0.001 0.00531 -0.00506 
0.002 0.00754 -0.00714 
0.0035 0.01013 -0.00927 
0.005 0.01230 -0.01OB2 
0.0075 0.01534 -0.01270 
0.0125 0,02011 -0.01506 
0,0175 - -0.01663 
0.025 - -0.01853 
0,035 0.03273 -0,02085 
0.0475 0,03770 -0.02363 
0.065 0,04308 -0,02713 
0,0875 0,04827 -0.03102 
0.115 0.05304 -0.03518 
0.155 0105809 -0,04040 
0,215 0.06313 -0,04632 
0.275 0.06617 -0.04965 
0.335 0.06787 -0.05027 
0.395 0.06851 -0,04837 
0,455 0.06BO9 -0.04431 
0,515 0.06677 -0.03854 
0.575 0.06416 -0.03153 
0.635 0.06008 -0.02372 
0.695 0,05423 -0.01566 
0,755 0.04639 -0.00810 
O, B15 0.03662 -0.00209 
0.875 0,02541 +0,00104 

0,92 0.01651 +0.00079 

0.95 0.01051 -0.00063 
0.9775 0.00495 -0,00263 
1.0 0*00036 -0,00465 

Nose radius/c = 0.011-5 

Position of max. thickness/c = 0.3500 
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TABLE 2 

CO-ORDINATES OF 11.8% JOUKOWSKI AEROFOIL 

X/c Y/C 
0 0 

0.0169 0.0231, 

0.0465 0.0366 

0.0897 0.0474 

0.1453 0.054B 

0.2116 0.0585 

0.2864 0.0586 

0.3677 0.0552 

0.4528 0.0492 

0.5393 0.0413 

0.6245 0,0325 

0.7058 0.0238 

0.7807 0.0159 

0.8469 0.0094 

0.9025 0.0047 

0.9457 0.0018 

0.9753 0.0004 

0.9903 0.00002 

1.0 0 

I Nose radius/c = 0,0375 

Position of max. thickness/c = 0.2312 
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TABLE 3 

CO-ORDINATES OF NACA 0012 AEROFOIL (Ref. 37) 

X/c Y/C 
0 0 

0.0125 0.0189 

0.0250 0.0262 

0.0500 0.0356 

0.0750 0.0420 

0.1000 0.0468 

0.1500 0.0535 

0.2000 0.0574 

0.2500 0.0594 

0.3000 0.0600 

0.4000 0.0580 

0.5000 0.0529 

0.6000 0.0456 

0.7000 0.0366 

018000 0.0262 

0.9000 0.0145 

0.9500 0.0081 

1.0000 0.0013 

Leading edge radius/c = 0.0158 

Position of max. thickness/c = 0.3000 
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TABLE 4 

ECHNIQUES USED FOR AEROFOIL TESTS 

AEROFOIL INCIDENCE BOUNDARY- SPARK SIDE-WALL SURFACE HIGH SPEED OIL 
(DEGS) LAYER SCHLIEREN PRESSURE PRESSURE SCHLIEREN FLOW 

MEASURE- 
MENTS 

6% BICONVEX 0 LAM X 

TURB X 

14% BICONVEX 0 LAM X X X 

TURB X X X X 

4 LAM X 

TURB X X 

0 LAM X X 

TURB X X 

NACA 0012 3 
'LAM 

X X 

TURB X X 

6 LAM X X 

TURB X X 

0 LAM X X 

TURB X X 

CAST 7 3 LAM X 

TURB X X 

6 LAM X x 

TURB X X 

0 LAM X X 

TURB x X 

11.8% 
JOUKOWSKY 3 x 

TURB 

6 LAM X 

TURB X 

X Denotes technique used 
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TABLE 5 

14% BICONVEX AEROFOIL WITH BLUNT TRAILING--EDGE 

(FIXED-TRANSITION) 

1. 

2. 

3. 

4. 

5. 

6. 

7. 

8. 

9. 

100 

MAX, AMPL. 
MACH FREQUENCY OF PRESSURE 

AEROFOIL SIZE NUMBER OF SHOCK FLUCTUATION 

(% FULL) OSC. (kHz) AP /q% 

100 0.87 1.16 6.87 

0.893 1.16 10.4 

99.95 0.869 1.15 6.87 

0.891 1.15 9.96 

97.62 0.87 1.15 6.87 

- 0.893 1.18 6.41 

95.20 0.891 1.6 3.10 

92.90 0.868 1.5 3.31 

0.89 1.6 4.82 

90,50 0,868 1,5 4.03 

0.1891 1.5 3.10 

85.70 0.889 1.6 3.76 

82.50 13.8134. NO SHOCK OSCILLATIONS 

0.915 

MODF-L REVERSED (BLUNT LEADING EDGE) 

82.5 0.915 1.15 5.75 

74.6 0.886 1.1 8.53 

01915 1.15 11.3 
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TABLE 6 

14% BICONVEX AEROFOIL WITH BLUNT TRAILING-EDGE 
(FREE-TRANSITION) 

I. 

2. 

3. 

4. 

5. 

6. 

7. 

a. 

9. 

AEROFOIL SIZE MACH 
NUMBER 

FREQUENCY 
OF SHOCK 

OSC. (kHz) 

MAX, AMPL. 
OF PRESSURE 
FLUCTUATION 

AP /q(%) 

100 0.863 1.50 B. 53 

99.95 0.849 1.50 5.45 

97.62 0.849 1.55 10.2 

95.2 0.844 1.60 8.53 

92.9 O. B44 1.60 6. B7 

90.5 0.844 1.60 6.16 

85.7 0.865 NO SHOCK OSCILLATIONS 

B2.5 0.886 NO SHOCK OSCILLATIONS 

AIRFOIL REVERSED (BLUNT LEADING EDGE 

82.5 0.886 
1 

1.2 
1 

8.53 
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TABLE 7 

14% BICONVEX AEROFOIL WITH SPUTTER PLATE 

(FIXED-TRANSITION) 

1. 

2. 

3. 

4. 

5. 

6. 

7. 

a. 

9. 

10, 

ii. 

12. 

MAX. AMPL. 
AEROFOIL SIZE MACH FREQUENCY OF PRESSURE 

NUMBER OF SHOCK FLUCTUATION 

c1 (%C) 
OSC. (kHz) I& P /q) % 

100 0.895 1.136 8.52 

99.25 0.895 1.126 7.10 

98.50 0.895 1.136 7.10 

97.75 0.876 NO SHOCK OSCILLATIONS 

0.896 1.136 7.10 

97.0 0.876 NO SHOCK OSCILLATIONS 

0.894 1.110 7.10 

96.25 O. B77 1.110 4.36 

0.899 1.204 5.68 

95.75 0.879 1.136 6.25 

O. B94 1.136 5.6B 

95.00 0.873 NO SHOCK OSCILLATIONS 

O. B94 1.110 5.68 

91.60 0.873 NO SHOCK OSCILLATIONS 

O. B92 1.123 7.38 

B8.40 0.873 NO SHOCK OSCILLATIONS 

0.892 1.10 4.26 

B5.20 0.871 NO SHOCK OSCILLATIONS 

0.892 NO SHOCK OSCILLATIONS 

82.60 0.869 NO SHOCK OSCILLATIONS 

0.887 NO SHOCK OSCILLATIONS 
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TABLE 8 

14% BICONVEX AEROFOIL WITH SPUTTER PLATE 

(FREE-TRANSITION) 

1. 

2. 

3. 

4. 

5. 

6. 

7. 

B. 

91 

10, 

11. 

12, 

MAX, AMPL. 
AEROFOIL SIZE MACH FREQUENCY OF PRESSURE 

NUMBER OF SHOCK FLUCTUATION 

c1 (%C) OSC, (kHz)- (%) A pl 
q 

100 0.876 1.6 8.72 

0.905 1.68 5.68 

99.25 0.866 1.55 7.28 

01895 1.60 5.68 

98,50 0.868 1.60 9.65 

0,895 1.60 6.25 

97.75 0.884 1.60 7.38 

0.893 1.60 12. B 

97.00 0.874 1.60 7.67 

0.894 1.60 7.67 

96.25 0.878 1.59 7.09 

0.894 1.60 7.67 

95.75 0.878 1.60 7.10 

0.899 1.60 7.10 

95.00 0.873 1.60 8.16 

0.892 1.60 7.10 

91.60 0.873 1.55 7.67 

0.892 1.60 7.10 

88.40 O. B71 1.60 7.28 

0.892 1.60 7.10 

135.20 0.871 1.60 7.28 

0.892 1.62 8.52 

82.60 0.871 1.60 8.74 

0.892 1.60 9,37 
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TABLE 9 

PERIODIC FLOWS ON AN NACA 0012 AEROFOIL 

II 

2. 

3. 

4. 

5. 

6. 

7. 

S. 

9. 

10, 

11. 

12. 

13. 

14. 

15. 

16, 

INSTABILITY BOUNDARY- FREQUENCY MAX* AMPL. 
MACH NUMBER INCIDENCE LAYER PARAMETER OF PRESSURE REMARKS 

FLUCTUATIONS 
(NO) (27rfc/U. ) &Pmax/q% 

0.817 00 TURBULENT 0.980 3.14 FORCED 

0.843 0a TURBULENT 1.018, 2.73 OSC. 

O. B27 00 LAMINAR 0.939 2.25 FORCED 

0.852 0a LAMINAR 0.945 2.69 OSC. 

0.927 00 LAMINAR 0.645 4.40 

0.952 00 LAMINAR 0.664 4.48 

0.839 30 TURBULENT 1.042 5.10 FORCED 

0.871 30 TURBULENT 1.009 6.40 OSC. 

0.913 30 LAMINAR 0.991 2.67 
FORCED 

OSC. 

0.842 60 TURBULENT 1.360 4.9 

0.879 6a TURBULENT 0.724 5.72 

0.796 60 LAMINAR 0.763 5.20 

0.824 6a LAMINAR 0.811 6.20 

0.871 60 LAMINAR 0.707 4.70 

0.892 60 LAMINAR O. B45 5.50 

0.927 0 6 LAMINAR 0.920 2.63 FORCED 

Osc, 
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TABLE 10 

PERIODIC FLOWS ON A CAST 7 AEROFOIL 

d 

1. 

2. 

3. 

INSTABILITY BOUNDARY- FREQUENCY MAX, AMPL. 
MACH NUMBER INCIDENCE LAYER PARAMETER OF PRESSURE REMARKS 

FLUCTUATIONS 
(mloo) (, & P/q ) 

0.853 30 LAMINAR 0.506 2% 

0.887 30 LAMINAR 0.495 2% 

0.855 60 LAMINAR 0.65 4% 

TABLE 11 

PERIODIC FLOWS ON A 11.8% 3OUKOWSKI AEROFOIL 

1. 

2. 

3. 

4. 

5. 

6. 

7. 

S. 

INSTABILITY BOUNDARY- FREQUENCY MAXr AMPL. 
MACH NUMBER INCIDENCE LAYER PARAMETER OF PRESSURE REMARKS 

FLUCTUATIONS 
(Nd (A P/q) 

0.85 30 TURBULENT 0.41 6.25% - 

O. B66 30 TURBULENT 0.47 4.06% - 

O. BB7 30 TURBULENT 0.44 4.94% - 

0.877 30 LAMINAR 0.34 5.58% - 

0.890 30 LAMINAR 0.35 7.40% - 

0.866 60 TURBULENT 0.40 11.2% - 

0.890 60 TURBULENT 0.47 7.50% - 

0.866 60 LAMINAR 0,64 7.44% - 
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TABLE 12 

PARAMETERS FOR PERIODIC FLOW 

(ZERO INCIDENCE) 

1. 

2. 

3. 

4. 

5. 

THICKNESS SHOCK TRAILING- SHOCK 
AEROFOIL 12% OR POSITION EDGE ANGLE MACH NO. OSCILLATION? 

GREATER? x /c m 
a 1 

14% BICONVEX YES 0.62-0.71 LARGE 1.22-1.26 YES 

NACA 0012 YES 0.50-0.60 LARGE 1.24-1.28 YES 

6ý BICONVEX NO 0.75-0.90 LARGE 1.20-1.30 NO 
(Ref. 21) 

CAST 7 YES 2 shocks SMALL 1.25-1.28 NO 

0.24-0.31 at M., 

0.55-0.71 0.76 

JOUKOWSKI YES 0.17-0.46 SMALL NO 
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'APPENDIX'E 

The Reasons for the Location of Shocks in 

Steady Conditions 

Consider the flow in a finite supersonic region as illustrated 

in Fig. El. In generalp the region of supersonic flow (assumed, 

shock free in Fig. El) will contain 2 families of waves. One of these 

originate at the surface and the other comes from the region where 
the first family meets the sonic line. The waves arising from the 

surface must be reflected at the sonic line as waves of equal strength 

but opposite sign. The waves springing, from the surface are expansive 

and reflected waves are compressive. Unless the supersonic region 

breaks down previously, these reflected compression waves will again 

be reflected when they meet the surface as compressive waves and may 

coalesce to form a shock. (Ref. 72). The other possible explanation 

for the occurrence of a shock could be the upstream motion of disturbance 

waves originating in the wake. These would be unable to propagate 
forwards into the finite supersonic region and hence might be expected 
to build up into a shock at its downstream end. 

Fig. E2 illustrates the flow patterns an the upper surface of 

an aerofoil at incidence with increasing freestream Mach number. 
Experiments have shown that the local Mach numbers at fixed upstream 

points do not change greatly and over most of the surface are close to 

the pressure distribution achieved at a freestream Mach number of 

unity. By drawing an analogy with one dimensional nozzle flow, the 

shock position on the aerofoil can be considered to be determined by 

the downstream pressure by a mechanism illustrated in Fig. E5. Thus 

as the shock moves rearwardsq the pressure p, immediately upstream 

traces out a certain locus and the downstream pressure P2 traces out 

a corresponding locus determined by the pressure rise through the shock 

If the pressure distribution in the subsonic flow behind the shock 
leading to the freestream static pressure far downstream could be 

determinedg the shock must position itself at the point of intersection 

with the P2 locus. This analogy shows that three features of the 

-flow contribute strongly to the determination of the shock position. 
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These are the flow in the supersonic region ahead of the shock, the 

pressure rise across the shock and the subsonic flow behind the 

shock. I 

Analysis of a large number of experimental results have shown 
(Ref. 72) that the, observed irregularities in the rearwards motion 

of the upper surface shocks (Fig. E4) with increasing Mach number ere 

associated with the change of pressure rise through the shock and the 

downstream pressure distribution that occurs after the shock has 

become strong enough to provoke separation of the turbulent boundary- 

layer. The rapid rearwards movement of the lower surface shock 
(Fig. E4) occurs when the bubble of separated flow on the upper surface 
has extended rearwards to an extent as sketched in Fig. E2 (stage 4) 

where it affects the pressure changes along the wake and hence the 

pressure on the lower surface. Thus the wake cannot sustain any 

strong transverse pressure gradient so that the pressure near the 

trailing edge must be equal on the two-surfaces, and if the trailing 

edge pressure changes as-a result of separation on the upper surface, 
the lower surface must adjust itself to produce a similar change of 
trailing edge pressure., 
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APPENDIX F 

Shock-Wave-Boundary-Layer Interaction in 

Supersonic and Transonic Flow 

Supersonic Flow 

When shock-waves appear in the neighbourhood of solid 
boundaries they impose large pressure gradients in the boundary- 

layer and distort them to a considerable extent. These effects 

on the boundaryý-layer can be propagated both upstream and 
downstream through the subsonic portion of the boundary-layer. 

The extent'of the interaction region are different for laminar 

and turbulent boundary-layers. In a laminar interaction the 

disturbances propagate upstream over distances between 10 to 

100 times the boundary-leyer thickness. The length of the 

turbulent interaction is of the order of 10 times the boundary- 

layer thickness due to the subsonic part of the boundary-layer 

being smaller and to turbulent mixing in the interaction region. 
The changes in the boundary-layer simultaneously act in such a 

manner as to propagate compression and expansion waves into the 

external flow. 

Laminar Boundary-Layer 

Fig. F2 illustrates the features of the interaction between an 

oblique shock-wave with'the boundary-layer on a flatýplate. If 

the boundary-layer were not present the'incident shock would be 

reflected as an oblique shock of equal turning angle as in Fig. Fl. 

The pressure gradient imposed by the shock-causes the pressure in 

the boundary-layer to rise, considerably upstream of'the point of 

incidence. This pressure rise thickens the, boundary-layer and the 

resulting streamline curvature generates compression'waves which 

merge into a reflected shock, whose origin is upstream of the 

original point of incidence., If the adverse pressure, -gradient 
is sufficiently large the boundary-layer will-separate'and this 

will increase the strength of the first reflected shock. This 
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would have an effect of modifying the incident shock at the point 

of intersection of the two. The separated zone is a region of 

constant pressure and fience the incident shock reflects as an 

expansion in this zone. The expansion turns the flow towards 

the surface, producing re-attachment of the boundary-layer. Usually 

the turning angle through the expansion is so large that the flow 

can 'align itself to the direction of the plate only through a 

second reflected shock. 

Turbulent Boundary-Layer 

The interaction between the shock and turbulent boundary-layer 

is much smaller than the laminar interaction. There is slight 
thickening of the boundary-layerg with some wavelets generated 

upstream and downstream of the interaction. The extent of 

upstream and downstream influence is small. The reflection of the 

shock corresponds to the regular reflection (Fig. F3). 

2. Transonic Flow 

By contrast with the supersonic interaction in which the shock 
impinges on the boundary-layert in a transonic interaction the 

shock-wave "grows" up from the boundary-layer. The shock-wave 
is the rear boundary of the local supersonic regiong on the upper 

side limited by a sonic line into which it continues smoothly and 

on the lower side by the effective profile boundary. The laminar 

and turbulent interactions differ again for the reasons mentioned 
in the previous section. Fig.. F4 illustrates the 

laminar interaction on an aerofoil in transonic flow. The 

pressure disturbance introduced by the shock-wave propagates 
through the boundary-layer causing a wedgelike increase in the 

effective profile thickness. Near the wall there usually arises 

a region of separated flow with recirculation. The abrupt change 

of the effective profile thickness leads to a gradual compression 

region which together with the rear shock forms the typical 

lambda pattern. 
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A typical turbulent interaction pattern is shown in Fig. F5. 

In this casep the gradual compression due to the abrupt change 
in boundary-layer thickness is rather strong so that the 

oblique compression waves very soon coalesce into a strong shock, 

which at a certain distance from the profile is nearly normal. 
The flow patterns with increase in Mach number and their effects 

on the pressure distribution have been discussed in Appendix E. 
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Figure 1 b) A view of the transonic test-section. 

Figure 1 c) A view of the perforated liner showing 
the entrance region. 
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Figure 35. Oil flow photographs on 14% biconvex 
aerofoil, a=6, fixed transition. 



0 

xx 

ox x 

ID 15 so 0 

0 

00 

-ýr co 
C5 C5 

Cý) 

0 

*4 

C L- 

E 
tv 
-. i 

)CO 

0 
%-p 9- II 

II 

04 

Co 1 

et 
(--&(L+ n) Co vi XL - ZVO 

= ýi 

0 

0 
clý 
0 

OD 

(D 
3 

E 

a 

%I 

Lý 
%. d -0-0 -0--0 

10 > 
0 L- 

0 C) 
C 

%- (0 
u 

L- L- CL ul 
Z (A Co (1) 

0 

_C 
0- 

c5 

ý4T J1ic 

-4 
m 

0- 



rv. u 
0 

3 

ý0-4 

ý0-3 

ý0-2 

0.1 

a 

o Laminar I VC =14% Turbulent 
t =10%, laminar (Karashima) 
c 
ý= 18%, turbulent ( McDevitt 
cc 

-0.5 0 

ly 
v+), rý Ný2 CIO 

Figure 37. Frequency parameter vs. transonic 
similarity parameter. 

F1.6 

8 

3 

H-2 

o Laminar It/c=14*/(, 
x- Turbulent 

a tic =10%, laminar (Karashima) 

0 t/c =1 8"Ie 
. 
turbulent ( Mc Deritt ) 

x 

Empirical rel- (Erickson) a 

ý0-8 

x 

0A= ir (I - Mcx5 Y2 M,. o 16 
0 

a 

f rom Erickson (ref. 13 
ý0-4 

-15 -1.0 -0.5 0 
2 (M; 
O- 

2 K= "Y3 ii/l/3 
%V 

+1), r) M., 

Figure 38. Modified frequency parameter vs 
transonic similarity parameter. . 



Flow 
Direction I 

F' C 

FULL AEROFOIL 

AEROFOIL WITH BLUNT TRAILING EDGE 

Ci 
c 

AEROFOIL WITH SPUTTER PLATE 

Cl 

AEROFOIL WITH BLUNT NOSE 

Figure 39.14*/o biconvex aer-otoil contigurations. 



0.87 0.87 
UNSTEADY FLOW 

0 tj2 

UNSTEADY FLOW 

STEADY FLOW 

0 92 

Figure 40. Schlieren pictures, 14% thick biconvex aerofoil 
with blunt trailing edge ( cl = 0.976 c) 



(ID = 0.86 

0.88 

0.92 
STEADY FLOWS 

0.86 

0-88 

0.92 

Figure 41. Schlieren pictures, 14*/o thick biconvex 
aerofoil with blunt trailing edge( cl=0.825c). 



0.89 0.69 
STEADY FLOWS 

Figure 42 Schlieren pictures , 14*h) biconvex aerofoil 
with splitter plate ( cl= 0.826c) 

Mm= 0-88 
UNSTEADY FLOW 0.88 

Figure 43. Schlieren pictures , 14"/o biconvex aerofoil with blunt leading edge ( c, =0 . 825 c) 



0.803 

FILTERED 

FILTERED 

FILTERED 

0 0.921 

a) Schlieren pictures. b) Sidewall pressure traces. 
Figure 44. NACA 0012 at zero incidence 

(fixed transition) 

OSCILLATORY FLOii 
0.816 

OSCILLATORY FLOW 
0-843 

0.762 



McD=0.807 

A-! ok n. RLL F LOW 

OSCILLATORY 
FLOW 

0 -90 4 

0.948 

nc, rfl I ATOOV v 

FILTERED 

FILTERED 

ol 0-927 FILTERED r L. VTT 

OSCILLATQRY FLOW 

FILTERED 

Sidewall pressure traces. 

a) Schlieren pictures. 
Figure45. NACA 0012 at zero incidence 

(free transition) 

0.783 

OSCILLATORY FLOW 

OSCILLATORY FLOW 
0.852 

i 



Turbulent Boundary 
Layer, McO= 0.835 

b) Laminar Boundary 
Layer, MOO=0.940 

Figure 46. Schlieren pictures to illustrate shock 
oscillations on NACA 0012 aerofoil at 
zero incidence. 



1.0 
x 

0.8 
x 

0.6 

'u e 
., 

0.4 
tn x 

0.2 

0 

x 

NACA 0012 Aerofoil 
zero incidence, fixed t 

0 Present results 

x 
(Re = 0-37x 1 Cý, Hý 

x Vidal 
U/ -1 

II 
r- -I too, -i vi(V w/- -ir, I cLIr%r'II 

z)nu%-r% Osborne, Re ='3-xl e, ýjc =3 OSCILLATION de Paul 
(Re =1 .1x 1(f, H/c = 2-5) 

0.70 0.75 0.80 0.85 0.90 0.95 1.0 
Mach No., M(3D 

Figure 47. Shock position vs. Mach No. -tow Reynolds No. 

1.0 

0.8 

0.6 

0.4 

NACA 0012 Aerofoil at zero incidence 
NAE Results 
H/C = 5, Re= 25-43xl(f 

Free 
ONERA 

I 

Tranczifinn 

a 

H/C =3-71, Re= 4xlO 6 

r, % r- %iI r-% % 

Re = 0.37x 1 T, H/C = 2.15) 

- "'si' "TC -'I 

I 
I 

Ur VLr% 
61 Fixed transition H/C = 4, Re= 6xlO 

NACA 0012 Aerofoil 
zero incidence, fixed transition 

Present requitc. 

v 

F 

VF 
F 

0.2 

II Ii 

�I 

/v 

II 
0.70 0.75 0.80 0.85 0.90 0.95 

Mach No., M,, D 

Figure 48. Shock position vs. Mach No. -high Reynolds No. 

viaat 6 



1.4 

i 

l'O 

(0 0 

0.8 

0.6 

0.4 

10 

2 

NACA 0012 Aerofoil 

8 

6 
0 

K 

E4 

0 
0' 

m 

A 

W_----41 

Mach No., Mco 
IIIIIIIIIIIIIr 

0.80 0-82 0.84 0.86 0.88 0.90 0.92 0.94 0-9E 

Figure 49. Frequency parameter. 

NACA 0012 Aerotoil 

Cl (f 
I 

Fixed transition 
cr, Free If 
I) Fixed fP 
Tj Free If 
Of, Fixed of 

-. 411111- If 60, Free )I 

Ap max 

A 

EMPTY TUNNEL 
PRESSURE FLUCTUATION 

1 L--j 
Mach No., MD 

IIIIIII -T 
0.80 0.82 OZ4 0.86 0.88 

IIIIi11 
0.90 0.92 0.94 0.96 

Figure 50. Magnitude of sidewall pressure fluctuations. 



CD= 0.797 

u ý3k., ILL ATURY 
FLOW 

0 SCI LLATORY 
FLOW 

0.844 

1 Im 
0 873 

N. -MMM-1- 0.148 
Boom 

psi. 

aNN 

mÄäk um@ ý- 
%aim 

0.903 

0.906 

Figure 51. Schlieren pictures and pressure traces. 
NACA 0012 aerofoil, a=T(fixed transition). 



co =0 -723 

0 796 

0.919 OSCILLATORY FLOW 

Figure 52. Schlieren pictures and pressure traces. 
NACA 0012 aerofoil, a=3"(free transition). 



OD= 0.722 

- 

0 7-tb 

0.798 

i DEMERNMEN 
0.48 

bui. 
#b UM $, ei[ P. S. i 

71 W7. "i M' 
-70tMý ý -T-mmommom 

0.725 

0.859 OSCILLATORY FLOW 

0.882 OSCILLATORY FLOW 

0.922 

F IML .ý" 

cIva, INT 
IMMMMMMWMLAA 

0.879 OSCILLATORY FLOW 

OSCILLATORY FLOW 0.842 0.919 

Figure 53. NACA 0012 aerotoil, CE= 1ý (fixed transition) 



0.925 OSCILLATORY FLOW 

lms 

Masi 

Nk 

0.927 

048 

--T- 

Figure54. NACA 0012 aerofoil, CE=16ý(free transition) 



.i 
00.6 

-0.8 

-0.6 

Figure 55. CL VS CL curves ( ret. 53 ) 

0 

x 

NACA 0012 Aerotoil 
zero incidence 

o fA. =0-80, Re=ld(ref. 53) 

x M. =0.814, Re=24-7xl(f 
(ret. 60) 

0 

-0.4 
Cp 

- 0.2 

x 
0 

0 

x 
x 

0 

00 
xx 0 

x 

xx 

x 0 x 
6 

R 
0 

Perifical - 

0 d< 

0.2 0.4 0.6 0.8 0 1.0 
X/c 

0.2 x 

0 

O. 4L 

Figure 56. Pressure, distribution-:, low -and high 
Reynolds numbers. '--`-, `_ 



0 
0 

0 0; 
'C 

0 x 

)0 

(k 

-0 

u 
)c V- 

%-0 x 

ol 
wo w 

0 11 

0-% 
0 
(D 

Ln 
Ico 

oj -ýý 

1 
liii 

4 BR 
0 

ZN0 ' 

.4 

Cý CO 

-a cn CY) 

tA zi 'U 9 r- -. 
(D '64 w ap " 1". cc 

r9 ýo 
xoI 

x 
I 

ol X 
OD CD %4 C*4 C114 %4 
C5 (9 C5 C5 C5 C5 

.cF. 9.00. % 

(D 

U) 
OD -: b 

x ol U) Pu 

ui 

E 
=7 c 

0 c 

-1 

to 
to tj Cr cr 

0 Ln 
01.11.141 9i cn IA 

16 CID CID z-II 
ýk C51 

"6 
C5 C5 

w 
-1 

1% -c 

11 11 CL 
88 

C u0 
-93 Ji CL 

-cf uIzN 

1 to u 
Lf) 

1111--1 -- 
t1a-1t- 

qm 
- L;. 

00 (0 .Z, c4 
-0-- C%j ,,, *-t ý 

(0 aD -, zr, 
c5 ''c5 (511 Cb CL 

LL 

I- 

Ö 



MOO=0.755 

0.778 

0.811 

.. 1msI.. s 

mamummum 

M mowla ME Mpfi*m 2 bv"bmm"w 

0.842 

0.876 

Emmmommill, 

M-=O. BO9 

Fill Fp Poe ", 

-- 
". 

------------- 

0.48 P. Si 0.48 P. Si 
0.839 

filtered outputs 

0.873 

Figure 57. Schlieren pictures and sidewall pressure traces. 
CAST 7 Aerofoil , CE= Cý (fixed transition) 



-1.0 

-0.8 
00 

0 

CP 

-0.6 

-0.4 

-0.2 

- 

-o--', p 

shock positions in present experiments 

0 00 
- 'a 

t- 

r- 
Ix x 

x 

x 

0 
00 

x 

xx 0 

x 
x0 

IIiIi 

0.2 0.4 0.6 08 (21.0 
0 X/c 0 

0.2 
k 

6 x 

x 

. 
0.4 

CAST 7 Aerofoil at a= IT 
o Upper surface 

. 
Mw= 0 . 76 

x Lower surface 
I DFVLR results. Re=6xld' 

I Present experiments, M. FO-755, Re=0.4x1(f 

Figure 58. Pressure distribution (rei. 1) 

A 



Schlieren pictures. 

Mco = 0.758 

Sidewall pressure traces. 
i 

low"Numan 

IMMEMMON 

. 81 ý) 

1M 
ub55 

ppampRupol MINE 

Ub bJ 

ilitered output 

msI 

T unanzimmann 
0-908 

Figure 5a CAST 7 aerof oil at 
zero incidence 
(free transition) - 



M.,, F 0.743 0.775 

0.789 

0.806 

M -, 
u"iiiiiiii" h*A liN 

&% 0.835 

O-B39 

0 873 

0.8 P. S. i FILTERED, 0-866 --T- 
-ý Ims 

0-898 

0.902 

STEADY FLOWS 

Figure 60. C4ST 7 Aerof oil, 
CE =T(f ixed transition ) 



-1.0 

-0-8 

-0.6 

-0.4 

-0.2 

C2. 
L) 

x x 

xx X/C 
XO-2 0.4 0.6 0 .81.0 

x 
0.2 

0.4 

0.6 

0.8 

I. - 

0 

0 

re 

S 
S 

S 

CAST 7 Aerofoil 
M(30= 0.785, a -- 2.5* 
Re = 2.4 x ld (ref. 66) 

shock observed in 
present experiments. 
M,,, =0.775, Re--0.4xid, 

a= 3" 

Upper 
surtace 

b0 

x 
x 

K 

J. OL. 

x 

Mloc 

11-276 

0 

0 

x 

L/x ower 
surface x xx 

0 
. 

x 

i 

Figure 61. Pressure distribution (ref. 66). 



.. 11,4bq ý4w 404P ob, 
Mill 00 1 

"'lot 

k4 OU. 

Mco = 0.757 
PREPOWN 

. 98 

--i-limlims 0.48 

P. S I 
-MMMOR 

0 

ammon- 

mop--- 

a 

0-853 0.887 

Sidewall pressure traces 

: 'j 

0-822 

imp 

Amp'l. - MM' mak, 

ME 

Figure 62. CAST 7 aerof oil, CL =S (free transition). 



0.744 

0.788 

I 'j 
r' * iu 

0.774 

0.830 

0.811 

0-840 

i 

08 Pýsj 

lms 

0.855 

STEADY FLOWS 

Figure6aCAST 7 Aerofoil, 
a=60(fixed transition) 



f4 

0.699 

Pressure traces. 
0.822 

0.655 

OSCILLATORY___ý 
FLOWS 

0.851- 
883 

"WIMPEat FROM* 
13 1 

0.884 
Figure64. CAST 7 aerofoil, 

a= 6"(free transition). 

Schlieren pictures. 



Moo = 0.747 

0.795 

0.615 

- i. ý 
W. 

. .1-M. - 
W. 
- -ý 
po pl. 

-10.1, 
P. I 

ý. C, 2 

f i"-- 

0-2ý 
P. S. 1 

lms 

-F 

H 0.808 
W 

FILTERED 

FILTERED 0.829 

ms 

STEADY FLOWS 

0.836 

Figure 65.11-8% Joukowski aerofoil at zero incidence, 
fixed transition. 

Schlieren pictures and sidewall pressure traces. 



0.852 

AV 
AýýýýýýO V86 

6 

\4 

0.859 

lms 

FILTERED OUTPUT 

0-880 

0.891 

contd. 
0.902 STEADY FLOWS 

Figure65.11-8"/o Joukowski aerofoil at zero incidence, 
f ixed transition. 

Schlieren pictures and sidewall pressure traces. 



1.0 

0.8 

0.6 

0.4 

0.2 

I- shock 
F-osillatio 

.......... 1A 
14% Biconvex A-` 11ý111` 

[ --tnvný, 
- x 

Mach No.,, M., 
01-I, 

-. -- -L --. 
I-a---faIaII11 

0.74 0.76 0.78 0.80 0.82 0.84 0.86 0.88 090 

Figure 66. Comparison of shock positions on aerofoils. 

shock position 
observed in our 
experiments, . -1 - 

symmetric solution 

(ref. 14 ) 

unsymmetric 
solution 

Figure 67. Comparison with theory (ref. 67) 



0-819 

8 2'9 

0-842 

. -J!;, " ý --- 

0- bzl ýý I LADY FLOWS 
0-851 

Figure68.11-811/. Joukowski aerofoil -at 
zero incidence, free transition. 

Schlieren pictures, and sidewall pressure traces. 



0.864 

0.908 

contd. ý 
STEADY FLOWS 

0.687 
FILTERED OUTPUTS 

Figure 68.11.8*/o Joukowski aerofoil at zero incidence, 
free transition. 

Schlieren pictures and sidewall pressure traces. 



= 0.757 

0.789 

0.907 

FILTERED 
OUTPUTS 

Figure 69. Sidewalt pressure f luctuations on a 11 - 811/o 
Joukowski aerofoil at incidence (fixed transition) 

0.887 



0.787 

w 

0.833 

0.819 

0-849 

Q 17 v7 
II 

. 4.. - 

Oscillatory 
ilows 

Figure 70. Sidewall pressure fluctuations on a 11 . 8"/o 
Joukowski aerofoit at T incidence (free transition), 



M. = 0.780 

0.834 

0.85 

w W 

Oscillatory 
ilows 

0.866 

0-890 

j 

8 P. S. i 

--T- 
-ý Ims ý- 

Figure 71. Sidewall pressure fluctuations on a 11-8"/o 
Joukowski aerofoil at 6* incidence (fixed transition). 



K. = 0.789 
I 

to 

0-814 

0.839 

0.852 

t 

0-866 

p') t") 

0.890 

Osciliatory 
ilow 

0.8 P. SJ 

4., 

Figure 72. Sidewall pressure fluctuations on a 11-8*/o 
Joukowski aerofoil at 60 incidence (free transition). 



1.0 

0.8 
%-0 

0.6 

TU to 
CL 

>% 0.4 
u c 

cr 
p .2 .00 LL 

0 

*.. 0 

- . __ 

14% Biconvex aerofoll . tree transition. 

--0-- 

Experiment 
Th eory ( Karashi ma , ref. 22 

IIIIII 
0.82 0.84 0.86 0.88 0.90 0.92 

Mach Number, Mco 

Figure 73. Frequency parameter vs. Mach No. 



M. =0.81 

Legend 

Predicted (ref. 17) 
Re. = 7x 106 

0 Experiment (ref. 14 
Re. =7xlO6 

X Experiment (present) 
--- Re. =0.45x 

106 

'! ý- - --Trailing edge separation SM7 -IIIII 0-87c (expt. ) 0.2 0.4 0.6 0.8 1.0 
YC 

(b) 

Predicted (ref. 17) 
MOO= 0.8 8, Re = 7x 1Cý 

0 Experiment (ref. 14) 
MOD=0.88, Re= 7XI06 

X Experiment (present) 
M, 0=0.93, Re=0.47xlO6 

-0.2 0 0.2 0.4 Ofo' 0.8 1.0 1.2 
X/C 

Figure 74. Comparison of experiments with 
numerical , computations 

Ion 
14P/o 

biconvex aerofoil at zero incidence. 



14% Biconvex Aerofoil 
Top surface shock 

x Present expt., M,, 
0=0.9, a=4! 

I- Droe4ir4inne U -AQI 50 lß, %j cýNDW1 iýP , B'Ico 11 

//o 
Expt., M. ý=0.85, a=Cr(ref. 14) 

// 
\X 

%% 
0.6 468 10 12 

Chords Travetted 

Figure 75. Time history of shock-wave position. 

0.5 

0.4 

C*4 0.3 
m 

S. -. 

0.2 

Experiments 
(20% biconvex) 

1,.,. 
Experiments 

(14% biconvex)-'O"'x 
present 

STABLE 

0.1 Theory (Eckhaus ) 

UNSTABLE 

\ II I 

co 

0.80 0.84 0.88 0.92 0.96 1-0 
M2 

Figure 76. Theory for aileýon buzz ( Eckhaus, ref. 23 

0 

0 

I 



NACA 64AO06 Aerofoit 
MCO=0.875 

60 =1 

I 

40-" 

4C 

0 
3 

Figure 77 Steady shock patterns for zero 
incidence and various flap deflections 
( ref. 40, Tijdeman) 



NACA 64AO06 Aerotoil with 14% Biconvex aerotoil 
oscillating flap, a=O", M,, pO. 875 cr =Cr, Mmý0-85 

taL 

4c 

I 

mftý 

4=777- - 
I' 

I 

1 

2 

3 

4 

Figure 78 Comparison of flows'on aerofoil with 
oscillating flap and 'a 14PIo. biconvex aerotoil (rets. 40,14) 



5 

6 

8 

TM 

contd. Figure 78 



10 

11 

-1 

12 

I 

contd. Figure 78, 



7.5 

5.0 

2.5 

0 

-0-2.5 
to 
E 
0-5.0 

-7.5 

vanishes 

Figure 79 Relation between shock position and 
shock strength. 


