Crcmﬁeld

UNIVERSITY

Flow Studies ét Hypersonic Speeds

B,

& 4"“; Ry
o W\E

g
PN

o%
0N

Holger Babinsky

" COA report N0.9407
June 1991

College of Aeronautics
Cranfield University
Cranfield

Bedford MK43 OAL
England




L

78710

College of Aeronautics Report No.
June 1991

Flow Studies at Hypersonic Speeds

Holger Babinsky

ISBN 1 871564 778

£8

"The views expressed herein are those of the author/s alone and
do not necessarily represent those of the University"

College of Aeronautics
Cranfield University
Cranfield

Bedford MK43 OAL
England



Acknowledgements

I would like to thank Prof. E. Messerschmid at the University of
Stuttgart and Prof. J.L. Stollery at Cranfield Institute of
Technology for their help and cooperation which made this work
possible. I am especially grateful to Prof. J.L Stollery for his

guidance and support as supervisor throughout this study.

I would like to express a special thanks to the technical staff at

the College of Aeronautics who were essential to the experimental

side of the project.

My final thanks is to Dipl.-Ing. H. Reissner whose grant enabled me to

accept this opportunity to study in England.



ny

Summary

Approximate methods for calculating the surface pressures including
the effects of viscous interaction are introduced for laminar and
turbulent boundary layers. Experiments were performed with various
models taking schlieren pictures and pressure measurements. The flow
'over a two-dimensional compression corner showed transitional
separation and were in agreement with other authors. The inves-
tigation of the flow over a delta wing with trailing edge flaps and
body showed an influence of transition on the shape of the separated
area, the pressure measurements were compared with various two-
dimensional approximations. The experiments of a flow in the junction
between a circular cylinder and a flat plate showed the influence of

the sweep angle on the size of the separated region.

Es wurden verschiedene Ndherungsmethoden zur Berechnung von

- Wanddriicken, unter Berﬁéksichtigung der wviskosen Interaktion, fur

laminare wund turbulente Grenzschichten vorgestellt. Experimente
wurden mit verschiedenen Modellen durchgefiihrt, wobei Schlieren-fotos
und Druckmessungen gemacht wurden. Die Ergebnisse fir eine
2-dimensionale Eckenstrdmung zeigen transitionelle Ablésung und sind
in Ubereinstimmung mit anderen Autoren. Die Stromung {iber einen
Delta~Fligel mit Hinterkantenklappen und Rumpf zeigte einen EinfluB
des Grenzschichtumschlages auf die Form des Abldsegebietes. Die
Ergebnisse der Druckmessungen wurden mit verschiedenen
Z~-dimensionalen Abschdtzungen verglichen. Die Untersuchung einer
Stromung in der Kreuzung zwischen einem Kreiszylinder und einer
ebenen Platte zeigte den EinfluB des Neigungswinkels auf die Linge

des abgeldsten Gebietes vor dem Zylinder.
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distance along x-axis

distance along y-axis

body shape

effective body shape

reference length

dimensionless x

dimensionless y

dummy variable along x—-axis

boundary layer displacement thickness
pressure

free stream pressure

pressure ratio

free stream Mach number

ratio of specific heats

ratio of wall temperature and stagnation
temperature

proportionality const. for linear viscosity

law (p/pco = Cco T/Tm)

Reynolds number

Reynolds number at hinge line

free stream Reynolds number at distance x.

laminar interaction similarity parameter

turbulent strong interaction similarity par.

angle to cause incipient separation at a
compression corner

hypersonic similarity parameter
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pressure coefflicient
constant / angle of attack
constant / flap angle
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1. Introduction

Interest in hypersonic aerodynamics grew in the 1950°s and 1960’s
with the beginning of the space program and later with the
development of the Space-Shuttle. After almost 20 years of silence,
the subject now experiences a revival due to the efforts 1in

'hypersonic transport vehicles, such as NASP, Hotol and Sdnger.

Although modern computer models already achieve a three-dimensional
viscous simulation of hypersonic flows /1,2/, a general understanding
of the viscous interaction effects is still needed. Furthermore the
effects of complex three-dimensional separations and transition are
still not well understood and a great deal of further research seems

necessary.

The present thesis investigates some of the above mentioned features
experimentally on simple configurations and gives an overview on some
approximate methods for the calculation of viscous interaction
effects for laminar and turbulent flows. Special attention is given
to the viscous effects on trailing edge flaps of a hypersonic
vehicle, as it is well known that these effects can cause a loss of

the effectiveness of such trailing edge controls /3/.
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2. Theoretical Considerations

Due to aerodynamic heating, boundary-layers at hypersonic speeds can
grow very strongly. Therefore the influence of the displacement
thickness distorts the external flow field which in turn affects the
boundary-layer. This phenomenon is called viscous interaction or
pressure interaction. The local surface pressures can be very
different from inviscid predictions, this effect has been first
reported by Becker /4/, who measured pressures near the leading edge
of a wedge. Theoretical investigations of this problem have been
first carried out by Cheng /5/ who introduced the hypersonic
similarity parameter i for laminar flow. By combining the approximate
Newton-Busemann pressure law with a simple expression for the
boundary-layer growth, Cheng could estimate the pressure distribution
of flat plates at incidence in the strong interaction region close to
the leading edge. Later Sullivan /6/ and Stollery /7/ introduced the
tangent-wedge pressure law which expanded the applicability of the
approximate viscous interaction methods to various body shapes. These
methods also supplied solutions for regions far downstream of the
nose, the weak interaction regime. Beyer /3/ carried out calculations
for a flat plate fitted with trailing edge flaps, to investigate the
influence of laminar viscous interaction on the pressure field of a
typical re-entry vehicle. In this work similar calculations will be
done for turbulent boundary-layers, using a method proposed by
Stollery /8/. The theory for both laminar and turbulent viscous
interaction will be introduced in 2.1. As these methods only allow
predictions for attached flows, Chapter 2.2 will discuss the main
effects of separation on corner flows and give an approximate method

to predict the occurrence of separation.

2.1 Viscous Interaction

A simple example for the effect of viscous interaction is the

-



hypersonic flow over a flat plate at 0° incidence as shown in

fig. 2.1:
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l |

fig. 2.1 Hypersonic flow over a flat plate with a sharp leading
edge

The strong growth of the boundary-layer near the nose changes the
direction of the outer flow, hence a leading edge shock can be
observed. The inviscid streamlines behind the shock are displaced
upward, the pressure on the surface is well above the free stream
pressure. This region is called the strong interaction region because
the inviscid flow field is strongly affected by the growth of the

boundary~layer.

Further downstream the rate of growth of the boundary-layer is much
smaller, the streamlines are only weakly distorted, this region is
called the weak interaction region. The pressure approaches its

inviscid value in the limit of X — .

To determine the pressure distribution along a given body surface

n



v, = f{x) the following relations are needed:

The effective body shape has to be expressed in terms of the
boundary-layer growth:
Yo = f(s ) (2.1)
The surface pressure has to be calculated as a function of the
effective body shape:
p = f(ye) (2.2)
The boundary-layer growth as depending on the pressure:
5 = fip) (2.3)
By combining analytic expressions for all three equations an approxi-
mate solution for the pressure and boundary-layer thickness of

viscous flows over general body surfaces can be found.

For hypersonic flows equ. 2.1 can simply be written as:

Yo T Y, 3 (2.4)

Sullivanv/6/, Stollery /7,8/ and Beyer /3/ achieved good results for
interaction problems by using the tangent wedge law to express the
surface pressure as a function of the effective body shape. The

expression is (s. e.g. /9/):

5 y+1 y+1 2 1 172
=1+7(Mmye) —_— —_— +

y 32
© 4 4 (Mcn ye)

(2.5)

As this study investigates laminar and turbulent boundary-layers two
different expressions for equation 2.3 have to be found. The analysis

for both cases can be found in the following chapters.

2.1.1 Laminar Boundary-layer

Following the work of Stollery /7/ and Beyer /3/, the local
similarity solution for laminar boundary-layers can be used to

express the displacement thickness of the boundary-layer:



™

M S 1 T_xpd&l/zp
it = — (y-1) 0.664 |1 + 2.6 — b J~ —— — (2.6)

b 2 TO °© p_ X p
or
* - 1/2
My © Ax x dg (2.7)
= P
X P o] X
with
p
P == (2.8)
pco
1 Tw
A = — (y-1) 0.664 [ 1 +2.6— ] (2.9)
2 T
o
and the viscous interaction parameter:
. owT
X T om—— (2.10)
-IRex

These equations are derived for a Prandtl number of unity, values of
the constants for other Prandtl numbers can be found in /10/ and /6/.

By introducing the new variable

R =J P dx (2.11)
and non-dimensionalising x with a characteristic length such as
X = x/L (2.12)
where |
L =a% ¥ x (2.13)
the following differential equation can be found (s. /7/):
2
dpP P dy
— = —{1+28Y? [Mm—w—Q] (2.14)
dx 2 R dx
8



where

P -1
Q = (2.15)

y {1+ (poq e
2 7

These equatidh can be solved by wusing any kind of standard
integration technique (e.g. Runge-Kutta), if suitable starting
conditions are chosen. For sharp leading edges the pressure variation
close to the nose depends only on the similarity parameter i, hence
the strong interaction solution can be used to provide initial values
for P and R /7/. Expressed in the nondimensionalised variables, the

initial pressure for a starting point Xo is:

3 -1/2
Po = T 7 (7-1) Xo (2.16)
As
R, = JXOP dX (2.11)
0]
then
R = 2 {7 -1 %
o 2 o}
or
R = 2 X P (2.17)
[o] (o} [o]

In this study the pressure variation over a flat plate at incidence
fitted with a trailing edge flap was computed using the introduced
model. The integration of equ. 2.11 and 2.14 was carried out using a
variable step Runge-Kutta-algorithm. Using a variable step algorithm
it was possible to capture the change of y; exactly at the hinge
line, independent from the chosen step size. The program was written
in ACSL (Advanced Continuous Simulation Language) and run on an
IBM-compatible PC. The agreement of the predicted pressures with
experimental results 1is good, regarding the simplicity of the

analysis. Examples and further details are given in /3/ and /7/.



2.1.2 Turbulent Boundary-layer

Stollery and Bates give a general expression for the boundary-layer

displacement thickness of turbulent flows /8/:

4/5 1/5 _E_JX Pae /s
. M C X Jo
8 = A X (2.18)

Rel/S PB

with
1 +H T /T
A = 0.051 1w o = (2.19)
(1+2.5T/T)
W O

_1(23 5 T
o]
_1 T

This expression was derived by assuming local flat plate similarity
and using Eckert’s reference enthalpy method. Details are given in
/11/.
By defining a new variable

R = J P%x (2.21)
and differentiating with respect to x, the following expression can

be obtained

»

dé _ 4 «-B -1/5 _ 4/5 _-(1+B) dP
= = B [7§- P R b R P ?5?] (2.22)
Rearranging 2.5
dye P-1
Mw ” = " 12 = Q (2.23)
7{1+27(P—1)}
and combining with 2.4 differentiated with respect to x gives
»
ds . Q _ dy
a = —ﬁ_ E;w (2.24)
[+
10
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2.22 and 2.24 can be combined and written as

dP 4P u 1 P y
- - - | = - (2.25)

= X
X = T (2.26)
= R
R = T (2.27)
where
5 M C,
L = AN —— x (2.28)
Re
equation 2.25 can finally be written
dpP P 4 _ dy
— = — | -p* RV PP [ Q- M ——”] (2.29)
dX BR | S dx
and 2.21 changes to
R = J: P* dg (2.30)

2.29 and 2.30 now define a set of differential equations that can be
integrated in the same fashion as for the laminar case. To obtain

suitable starting conditions it is sufficient to calculate the flat

plate case at 0° incidence (dyw/dx = 0). It is assumed that the
pressure variation in the nose region obeys a power law:
P = kX' (2.31)
then
R = a§t1 xon+l (2.32)

After substituting 2.31 and 2.32 in 2.29 and assuming a strong

interaction (P»1) the result is

ax 5B X B

4P _ 4k(an+1) on-1 _ (an+1)4/5k1+3'4“/sl 2K, nB+n-4an/5-4/5+n/2
7(r+1)
Comparing this with 2.31 and using
SB - 4a =1 (2.33)

gives
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n = -% (2.34)

and

(2.35)

[ 7(7+1)J5/7[ 6 ]10/7[ > ]—8/7
ko= | —2—

Introducing the turbulent similarity parameter for strong interaction
as derived in /8/

Mz Cw 2/7

X = (2.36)

Re
KXo

the strong interaction solution is:

10/7 5/7 -8/7
6 y(y+1) S 10,7

P = | — _— —[15 + Hi%w} A x, (2.37)
7 2 98 o
This equation shows that the pressure in the strong interaction
region is directly proportional to the strong interaction parameter.
A similar result obtained with a simpler expression for the
displacement thickness can be found in /8/. Analogous to the laminar
calculation, this expression can now be used to provide initial
values for the integration of 2.29 and 2.30. The method used to
obtain some of the results below is similar to the code for the

laminar case.

Fig. 2.2 shows a calculated pressure profile for a flat plate at
O degree incidence and 20 degrees flap angle. The Mach number is
9.22, the Reynolds number at the hinge line is 2.37°107. Also

indicated are experimentally measured pressures for this case /12/.

12
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fig. 2.2 Turbulent pressure distribution for the flow over a flat

plate with a 15° compression corner

It can be seen that the computed pressure indicates a peak at the
leading edge, this is due to the boundary-layer growth which gives
rise to a shock-wave followed by an expansion fan. The agreement
between the prediction and the measurement for the pressure rise at
the flap is relatively good, although the theory is not capable of
predicting any upstream influence. Additionally, it is not possible
to calculate separated flows, as the boundary-layer profiles are

assumed to be reasonably similar.

2.2 Influence of Separation

In the previous chapters some examples for typical pressure profiles

of compression corner flows have been given. In all cases a strong

increase of pressure in the region of the hinge line can be noticed.

If the angle of the compression corner or the trailing edge flap

13



becomes too steep, the pressure rise will eventually cause a separa-
tion of the boundary-layer. A typical flow pattern for this case is

sketched in fig. 2.3.

Separation -
shock ™\

Reagttachment -
shock

e —

| -
1 5 S C__,)
SOOI

fig. 2.3 Flow pattern for separated corner flows

At the separation point a compression fan can be noticed forming a
first strong shock at a certain distance from the wall. The
boundary~layer changes itself into a free shear-layer. The pressure
rises through this shock and reaches an almost constant value, the
so-called plateau pressure. At the reattachment point the boundary-
layer thins and a second compression-fan is generated. The pressure
distribution shows a second rise and usually reaches a peak value

above the inviscid wedge prediction, further downstream.

The necessary angle to cause separation is much larger for turbulent
boundary-layers than in the 1laminar case. The fluctuations in a
turbulent boundary-layer provide a mechanism for mixing with the
energy of the outer flow, therefore it is more robust and less likely
to separate from the surface under a positive pressure gradient than
a laminar boundary-layer. For the laminar case a big amount of

experimental work has been carried out (e.g. /13/,/14/,/15/,/16/) and

14
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empirical relations have been found to predict the wedge-angle to
cause separation. Needham /14/ derived the following expression by
using a simple order of magnitude analysis

_ - 1/2
M_ ¢, = 80 x (2.38)

where i is the interaction parameter for laminar flow

. wIT
x = = (2.39)
{Re

L
Ginoux /17/ obtained a similar expression which seems to fit better
to some of the at lower M-numbers obtained results:

36.63 JMm

¢ = —— 1435 (2.40)
ReL

where ReL is the value of the Reynolds number at the hinge-line.

To compare these equations, 2.38 can also be written as

80 JMm
¢i = —“-—1—/'4— (2.41)
Re
Both expressions are shown in fig. 4.2, together with some

experimental data.

15



3. Experimental Investigation

The experimental work studied the applicability of the approximate
viscous Iinteraction theory, described in the previous chapters, for
real delta-wing flows. Furthermore some experiments were carried out
to investigate the flow-patterns for configurations with a strongly
3-dimensional separation to achieve an understanding of this

phenomenon.
3.1 Experimental Facility

All experiments have been carried out in the hypersonic gun tunnel of
the College of Aeronautics at the Cranfield Institute of Technology.
This tunnel has formerly been at the Imperial College in London and a
detailed description is given in /18/. This facility is an
intermittent, free-piston, blow down tunnel with a running time of
approximately 40 ms. A light aluminium piston is driven by compressed
air at a drive pressure of 2000 psia (137 bar), giving an initial
test gas at a total temperature of 1290 K and a total pressure of
1455 psia (100 bar). After the expansion in a contoured nozzle, the
flow accelerates to a Mach number of 8.2 at free stream conditions of
p, = 0.127 psia (0.009 bar) and Too = 89.3 K. The flow is uniform
within the test~-section having a useful core of about 0.12 - 0.15 m.

The length of the working section is 0.20 m.

3.2 Models Tested

The first model used in this study was a flat plate with a span of
S inch (0.127 m) and a chord of 8 inch (0.203 m) as shown in
figure 3.1. The leading edge was ground to a 10° bevel angle and
honed to a sharp edge. This model could be mounted at any incidence
between 0° and 30°. It could either be fitted with wedges of 1.73"

chord (0.044 m) and 5" span, or with circular cylinders of a diameter

16



of 1 inch (0.02 m). Wedges were used with an angle of 5°, 10° and
300, the cylinders could be mounted at angles of Oo, 150, 30° and 4S°
to the vertical of the plate (s. fig. 3.2), either facing forwards or

backwards.

The second model used was a delta wing with fuselage and trailing
edge flaps as shown in fig. 3.3. Possible flap angles were Oo, 10°
and 20°. The model had an overall length of 20.5 cm and a wingspan of
12 cm. The wing thickness was 3 mm with knife edges at the leading
and trailing edge. The model was mounted from a support attached at
the top of the fuselage towards the rear of the model. Analogous to
the flat plate, the model could be fitted at various incidences
between 0° and 30°. After the taking of the schlieren pictures, the
model was fitted with pressure transducers at the under surface as

described in the following section.

3.3 Pressure measurements

The under surface of the delta wing model was fitted with 29 pressure
tappings as shown in fig. 3.4. Although the estimated free-stream
pressure was as low as 0.127 psia a range of the pressure transducers
of 0 - 20 psi was chosen to avoid overload at high angles of attack.
For the experiments six absolute, piezo—resistive transducers, Kulite
LQ-080-25A, were used. To obtain accurate results within the shoft
running-time of the tunnel, the physical distance between the
transducers and the pressure tappings was kept as short as possible.
Therefore the transducers were mounted in a special housing in the
fuselage of the model. To interchange the connections to the
different pressure tappings a system of rubber and metal tubes with a
diameter of 0.5 mm was used. This method avoided moving the
transducers themselves, so that damage could be prevented. By
mounting the metal tubes within the wing and keeping the rubber tubes

short, it was possible to keep most of the connections within the

17



body profile. Tbis minimised any disturbance to the external
flowfield. Furthermore all the installations were on the upper
surface of the wing, well behind the leading edge so that the
influence on the lower surface flow could be assumed to be minimal.

Information on pressure transducers and response time can be found in

/19/.

As most of the data were expected to be below 5% of the full range it
was necessary to keep the noise ratio as low as possible. Therefore
the transducers were supplied with a battery power supply, being
stabilized to 5 volts. The signal was then amplified, wusing an
amplifier Fylde M14DS, and connected to a Datalab DL2808 transient
recorder. The sample rate was adjusted to 10 us. Finally the traces
were plotted out on a chart recorder. To overcome the effects of
temperature-drift the atmospheric and the vacuum pressure in the
working section was recorded and plotted out before every run. From
static calibrations of the transducers the response between 0 and 15
psi was found to be linear. Therefore the two outputs obtained were
sufficient to calibrate the transducers. This procedure was performed

independently for every transducer. -

18



4., Results and Discussion
4.1 Two—-dimensional corner flow

To obtain schlieren pictures of a corner flow the flat plate model
was fitted with different wedges (s. fig. 3.1). All pictures were
taken on Polaroid film (Type 47, 3000 ASA), therefore only
photocopies can be shown in this report. An investigation by Pate
/20/ showed that three-dimensional effects on the behavior of the
separated region only become significant when the aspect ratio of the
separated region is smaller then 2. Needham /14/ confirmed these
results for different Mach numbers. Therefore the results obtained in

this study are assumed to be two-dimensional.

Experiments were performed with wedges of 5, 10 and 30 degrees at
incidences of 0, S and 10 degrees. Some of the results are shown in
fig 4.1, where «a indicates the angle of attack and B stands for the
wedge angle. The 30° wedge could only be used at 0’ incidence, an

angle of attack of 5° already caused a blockage in the tunnel.

The Reynolds-number at the hinge line was 1.3-106 for 0° incidence.
Due to the stronger leading edge shock the conditions at the hinge-

line change to:

M=7.0 Re, = 2.2.10° for 5° incidence
M=59 Re = 2.3-10°  for 10° incidence.

The case for 0° incidence / 30° flap, shows an interesting flow
pattern which can be compared to the sketch in fig. 2.4. Behind the
leading edge shock a laminar boundary layer can be observed. At
approximately half the distance to the compression corner the flow
separates and the separation shock can clearly be seen. The laminar
boundary-layer has now changed to a laminar shear-layer. The

schlieren picture 1indicates a possible transition but further

19



investigation is needed to confirm this assumption. On the wedge, a
reattachment of the shear-layer can be observed. The reattachment
shock can be seen and this crosses the separation shock near the end

of the wedge.

It can be seen that the separation and reattachment shock are useful
indications of a separated region. The boundary-layer itself is
sometimes not as easy to see and, in the case of small separated
region, does not clearly indicate the separation. A good example is
the 10° corner flow at 5  incidence (fig. 4.1). The boundary-layer
appears to be laminar and attached along the whole length of the
picture. By looking closely at the corner region and comparing the
picture to a non-separated case as for example 10°incidence/5°wedge

two shocks can be noticed, indicating a very small separated region.

The results are summarized in table 1. It indicates separated
or attached flow for all tested configuration. « is the incidence and

B is the wedge angle.

The only suggestion of transition was the appearance of ripples in
the free shear layer for the «a = O°, B = 30° configuration (see

fig. 4.1).

In chapter 2.2 formulas were ‘introduced -to predict laminar
separation. Fig. 4.2 shows values for the angle to cause separation
(ai) as a function of the Re~number at the hinge line, calculated by
using equ. 2.38 and equ. 2.40 as well as some experimental results
/13/. As this study investigated only few different wedge angles,
exact results for the angle to cause separation can not be given.
Nevertheless it can be said that separation occurs for values between
the angles for separated and attached flow and therefore the largest
angle to show attached flow is included in fig. 4.2. Some of the
obtained results are in the transitional regime. This supports the

observation of a transition in the free shear layer in the case of

20



the 30° wedge. Although none of the other schlieren pictures showed
signs of a transition in the boundary layer, a transitional behavior
is found in the separation. Similar observations have been made by

other authors e.g. /21/.

The methods described in chapter 2.1 were used to calculate the
'pressure and boundary-layer thickness distributions as shown in
fig. 4.3. The flat plate with a 5° wedge has been calculated for
laminar and turbulent boundary-layer at incidences of 00, 5° and 10°.
All cases show that the turbulent boundary-layer is thicker than the
laminar boundary-layer, although there is a region near the leading
edge where the laminar layer grows stronger. For increasing angles of
attack the boundary-layers become thinner, due to the higher pressure
behind the leading edge shock. This seems to affect the laminar layer
more than the turbulent layer. The pressure distributions show only
little influence of the viscous effects, the pressure peak at the
leading edge is in a very narrow region and the pressure along the
flap reaches its final value although the flap is only short. This is
very different to the viscous effects for thick boundary-layers as
calculated by Beyer /3/ for a re-entry configuration. With increasing
angle of attack the viscous effects become even less important, as
the boundary-layer thickness decreases. As the decrease of the
boundary-layer thicknes due to the higher pressure is more important
in the laminar case, the viscous effects are less dominant for the

laminar boundary-layer (see fig. 4.3, a=10").

4.2 Flow over a Flat Plate plus Cylinder

After the investigation of a 2-dimensional flow field a highly
three-dimensional separated flow has been studied. The problem of the
interaction of a flat plate boundary layer with the bow shock of a
blunt body, is very important in hypersonic flows. These problems can

be observed at fin/body junctions or in intake flows where struts are
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needed to provide static support. In the area of supersonic com-
bustion (Scram-jet) blunt struts may be necessary to inject fuel and

keep the combustion-zone stable.

All these problems have the common feature of a large separated
region, caused by the interaction of the bow shock ahead of the blunt
nose (or cylinder) with the boundary-layer along the surface per-
pendicular to it. The size of the separated region can be decreased
by sweeping the cylinder backwards. For intake flows this has the
disadvantage that a forward facing configuration can not be avoided

on the opposing side of the intake.

To investigate this type of configuration a circular cylinder was
mounted on the surface of the flat plate. To show the influence of
the sweep angle different cylinders were available (s. fig. 3.2). The

flow field was studied by schlieren pictures.

Fig. 4.4 sths the results for a perpendicular cylinder and for sweep
angles of *15, *30 and #45 degrees. In the case of the cylinder at 0°
a large laminar separation is observed starting about 3cm behind the
leading edge. The separation shock crosses through the leading edge
shock shortly before both reach the bow shock in front of the
cylinder. Although the flow pattern is highly three-dimensional the
schlieren pictures provide a useful tool to judge the separation. It
can be assumed that the separated region is much shorter towards the
sides of the flat plate, the pictures only indicate the beginning of

the separation along the center-line.

By sweeping the cylinders backwards the expected effect of a de-
creasing separation is observed. At 45° the separated region has
almost completely vanished, its expanse along the center-line is only

about 2cm.

All pictures for forward facing cylinders show a separation starting
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at about the same point, very close to the leading edge. The
separation does not grow closer to the nose, a possible explanation
is the ability of the boundary-layer to withstand a pressure rise, as
it is still very thin and short. To be able to observe differences in
the effect of the different forward sweep-angles , a longer flat
plate is needed to allow a bigger separation. Another possibility
could be, to use cylinders of a smaller diameter. Because of lack of
time and in order not to deviate from the main objectives of this

project, these experiments were not performed.

It can be concluded that backward facing cylinders have the expected
positive effects. The sweep angle of 45° showed the best results,
causing only a very small separated region. Forward facing cylinders
lead to a bigger separation, a difference between various sweep

angles could not be found, as the flat plate proved to be too short.

4.3 Flow over a Delta Wing with Trailing Edge Flaps

The main aim of this study was to investigate the flow field of a
simple aircraft-like configuration as shown in fig. 3.3. Similar
investigations have been carried out by various authors, mostly for
delta wings with trailing edge flaps /22/,/16/,/23/,/24/. In earlier
years these studies concentrated mainly on re-entry vehicles and
therefore covered blunt leading edges and high angles of attack.
Investigations of hypersonic aircraft configurations including a
fuselage have been investigated more recently, for example /25/ and

726/ .

Rao carried out an investigation of the flow around a delta wing with
trailing edge flaps and a sharp leading edge /27/. By comparing two-
and three-dimensional experiments he showed that two-dimensional
predictions can give good agreement under certain conditions. This

was valid for attached or mildly separated flows at smaller angles of
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attack. A prediction for incipient separation using the two-
dimensional results showed good agreement for turbulent boundary-
layers. For laminar flows the flap angles to cause separation were
larger than in the two-dimensional case. Transition was found to
occur earlier on the delta wing than on the flat plate and proved to
have a great impact on the shape of the separated region. The present
study tried to obtain comparable results for a delta wing fitted with

a body.
4.3.1 Schlieren Photographs

Schlieren pictures were taken for all flaps (Oo,looand 20°) at
incidences of 0,5,10,15 and 20 degrees. For the case with 0’ inci-
dence, the Re-number at the hinge line is 1.5-106, using the centre-
cord. This is slightly larger than for the 2-dimensional corner flow
studies in chapter 4.1. As any other Re-number away from the centre-
line is smaller than this value, it seems reasonable to compare the

results.

Fig. 4.5 shows some of the schlieren pictures for the delta wing
model. Due to the strong three-dimensionality (unequal boundary-layer
thickness across the flow and complex shape of the separation) it is
more difficult to detect separated regions at the lower surface.
Nevertheless, it is possible to detect the shock ahead of the hinge

line, indicating separation.

Table 2 gives an overview of the observed separation for the
different configurations.The results are 1in agreement with the
results obtained for the flat plate in chapter 4.1. Therefore by
using the flow conditions along the centre-line, a reasonable
indication for the appearance of separation can be given from

two~-dimensional data.

Naturally the schlieren pictures provide no information on the
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three-dimensional shape of the separated region. This can be achieved
by using pressure measurements on the lower surface of the delta

wing.

4.3.2 Pressure Measurements

Due to the short time available, pressure measurements were only
performed on one configuration. The model was put at an incidence of
15° and the 20° flap was used. A schlieren picture was taken to
confirm that the model modifications did not cause a severe change in

the flow field.

The shape of the recorded transducer signals was dependant on the
location of the connected tapping. Two typical examples are shown in
fig. 4.6. The measurement near the front of the fuselage (I) was
recorded using only a short physical distance between the tapping and
the transducer. The transducer was mounted Just above the tapping.
Accordingly, it shows a better time response than signal II which is
a tapping near the outer edge of the flap. In this case the
connection to the pressure tapping consisted of a 60 mm metal tube
within the wing and a rubber tube of about 30 mm length. It can be
noticed that a significant damping exists in the signal, the
stationary period is only very short. Therefore, the results obtained
on the flap area have to be treated with care. To obtain a highef
accuracy for the pressures in these areas, measurements were repeated
up to 4 times and a mean value was calculated. Sometimes a spread
between the results of up to 40% could be noticed. By using different
transducers the values could differ even further. This suggests that
the static calibration as described in 3.3 is not sufficient and an
independent dynamic calibration for every transducer needs to be
carried out. Another source for the great spread in the results could
be an unstable separation pattern on the flap. Further experiments

are needed to investigate this problem.
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During some of the first runs, very high pressures were recorded on
the outer edges of the wing. This phenomenon disappeared after moving
the model further forward in the working section. All results used in

this study were achieved in this forward position.

‘Fig. 4.7 shows the results obtained for pressure tappings mounted
along the centre-line (see also fig. 4.8). The pressure rises
slightly from the cone to the wing-surface towards the hinge-line.
The pressure-distribution at the hinge-line suggests a small
separated area with the pressure rising steeply on the flap. Some
results of two-dimensional calculations are alsc shown 1in this
picture. The tangent-cone approximation was calculated with an
analytic expression derived by Rasmussen, using the small disturbance
theory /9/:

C (7+1)K2 + 2 7+1 1

P - 1 In + (4.1)
2

6
C

(1-—1)1(2 + 2 2 K

where GC is the cone angle and K is the hypersonic similarity
parameter Mm-ec. To obtain the pressure relation P = p/pw, the

following relation can be used:
P = — 7 Cp M + 1 (4.2)

This calculation gives a good predictions of the pressure on the
centre-line of the lower surface. The tangent wedge approximation
gives too high a value for this pressure but too small a value for
the flap pressure. This is not surprising as the flap pressure is
created by two shocks, whereas the tangent-wedge value gives the
pressure after a single shock. The tangent-cone method gives an even
smaller value for the flap pressure, for the same reasons. A
reasonable inviscid approximation for the flap pressure was made by
using the tangent cone result and assuming a two-dimensional shock

with a deflection of 20°. Similar results can be found in /27/.
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Naturally the inviscid calculations can not predict the pressure rise
near the hinge-line. Two calculations with the programs described in
2.1 have been made to give results of viscous interaction methods.
Both, the laminar and the turbulent computation are shown in
fig. 4.7. The laminar calculation shows a smaller influence of the
viscous effects, the turbulent result gives a better prediction for
the slope of the pressure rise on the flap. Both methods can not
predict the measured upstream influence or the plateau for the
separated region. As the tangent wedge rule is used to calculate the
pressures, both methods give too high a value for the center-line

pressure upstream of the flap.

Fig. 4.8 gives the pressures recorded on the wing, along lines
parallel to the centre-line, fig. 4.9 gives lines perpendicular to
it. These results have been obtained under the assumption of
symmetrical flow. It can be seen that the separation is larger on the
wing than on the centre-line. This is also supported by the pressure
contours in fig. 4.10. From fig. 4.8 can be seen that the flow near
the outer edge of the wing is almost completely attached. These
observations were wused to sketch the separated area shown in
fig. 4.10. The location of the separation-point, as seen from the

schlieren pictures is also marked.

In conclusion it can be stated that the separation has a highly three
dimensional shape. The relatively short separation near the
centre-line is probably due to an earlier transition forced by the
forebody. On the wings, were the flow is likely to be completely
laminar, the separation is much larger. Close to the edges of the
wing the boundary-layer is less likely to separate. The Re-number is
lower, the momentum loss is small and hence the layer is 'more

resistant to laminar separation (see fig. 4.2). A similar result was
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obtained by Rao /27/ for delta wings without a fuselage, as shown in

fig. 4.11.
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5. Conclusions

The main objective of this study was to gain knowledge of the flow
over the lower surface of a simple hypersonic vehicle fitted with
trailing edge flaps. As three-dimensional separation was expected to
occur, some experiments on different configurations, showing this

phenomenon, were performed.

The flow over a flat plate fitted with a cylinder showed a strong
influence of the sweep angle on the size of the separated region. A

forward sweep increases this area, a backward sweep decreases it.

Experiments of a two-dimensional compression corner at different
incidences and corner angles gave information on laminar and
transitional separation in agreement with other authors. By comparing
these results with the flow over the delta wing with flaps, it was
found that some indication of separation was possible by using the
two-dimensional results applied to strips parallel to the centre
line.

The three-dimensional shape of the separated area proved to be
influenced strongly by an early transition near the centre line of
the flow. Therefore the separated region on the middle of the wing
was shorter than further outboard. On the outer edges of the wing the

separated length decreased again.

Some work has been done to introduce approximate methods to calculate
the effects of viscous interaction on the pressure distribution along
curved surfaces for laminar and turbulent boundary-layers. The
agreement of the calculated data with the experimental results of the
delta wing was only moderate, as other effects dominated the

flow field.

To improve the results obtained further experience on the use of the

29



pressure transducers is needed. A dynamic calibration could prove
useful. The influence of the tubing used to connect the pressure

tappings with the transducers also needs further investigation.
The calculated data should be compared to measurements for an

attached flow to give a better judgment on the accuracy of the

method.
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7. Tables

A 0° 5° 10° 30
o
0’ attached attached separated separated
5° attached attached separated not tested
10° attached attached separated not tested

Table 1 Results for flat plate fitted with wedges at various angles
of attack ’
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s 0’ 10° 20°
a
0° attached separated separated
5° attached separated separated
10° attached separated separated
15° attached not tested| separated
20° attached attached blockage

Table 2 Results for'flow over delta wing at different incidences and

flap angles
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All dimensions in mm
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8. Illustrations
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fig. 3.1 Flat plate model with different wedges
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fig. 3.2 Flat plate model with cylinders at 0°, #15°, %30°, #45

sweep angle
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fig. 3.4 Pressure tapping positions on the delta wing model
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x=10° B=5° x=10° B=10°

fig. 4.1

Schlieren pictures for two-dimensional corner flow
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fig. 4.4 Schlieren pictures for flat plate plus backward facing

cylinder. The arrow marks the separation point

46



-

S, "jﬁi&*
x B q

fig. 4.4 concluded Forward facing cylinder

47



x=0° PB=10° x=0° B= 20°
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fig. 4.5 Schlieren pictures for delta wing model
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fig. 4.6

Typical pressure signals
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